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Abstract 
The University of Queensland’s Centre for Hypersonics are investigating the viability of a 
reusable three-stage, rocket-scramjet-rocket based access to space system, aimed at reducing 
the cost to orbit for small satellites (Preller & Smart, 2015).  The final stage of this system is a 
conventional liquid fuelled rocket, designed to carry the satellite into its final orbit after being 
released from the second stage scramjet (Preller & Smart, 2015).  Previously, the third stage 
vehicle was designed for exo-atmospheric operations, but new trajectories place the separation 
point well within the atmosphere, exposing the vehicle to high dynamic pressures (up to 50 
kPa), at large angles of attack (10 degrees) (Forbes-Spyratos, Kearney, Smart, & Jahn, 2017; 
Preller & Smart, 2015).  The large angle of attack on the vehicle resulted in lift dominating the 
aerodynamic forces, as opposed to in a conventional rocket where drag dominates.  As such, it 
was hypothesised that conventional rocket design literature may not be applicable for the design 
of the third stage vehicle (Benson, 2014).  The purpose of this thesis was to evaluate this 
hypothesis, to determine if rocket based design and optimisation literature could be adapted to 
a lift dominated, rocket like structure, in particular, the third stage vehicle.  
Phase One of this thesis involved reviewing available rocket design and optimisation literature 
and adapting it to develop a parametric CAD model of the third stage vehicle.  The CAD model 
consisted of two main assemblies, an external aeroshell and the internal structure.  Due to the 
atmospheric release point of the vehicle, the protective aeroshell needed to resist all 
aerodynamic loads, making it a critical component of the current design which needed to be 
validated. 
Phase Two then involved undertaking finite element analysis on the third stage to evaluate the 
applicability of using conventional rocket optimisation literature in the design of the third stage 
vehicle.  To achieve this goal, static and buckling simulations of the third stage aeroshell were 
undertaken in ANSYS for freestream dynamic pressures ranging from 30 to 50 kPa (to simulate 
different release altitudes).  For the dynamic pressures tested the aeroshell was statically 3.6 to 
6.0 times stronger than necessary.  Buckling was also not a critical failure mode.  It was 
concluded that the restrictions imposed on the stringer and backing thicknesses of the aeroshell, 
due to the literature optimisation techniques implemented, resulted in the vehicle being heavily 
overdesigned for the applied loads.  This suggested that the adaption of conventional rocket 
optimisation methods for the vehicle in this thesis was not the most effective method to optimise 
the load bearing structure.  The final optimised configuration of the aeroshell weighed 281 kg, 
but to further reduce the safety factors and vehicle mass, evidence suggested that the backing 
and stringer thicknesses of the third stage vehicle needed to be reduced.
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1 Introduction 
A recent spike in the number of small satellites being launched to low earth orbit (LEO) has 
highlighted the limitations of large, conventional expendable launch systems (Preller & Smart, 
2015).  Traditionally, small satellites have needed to be “piggybacked” onto larger satellite 
launches, or clustered with several other small satellites to reduce the cost to launch to 
acceptable levels (Preller & Smart, 2015) (Foust, 2016).  In doing this, the operator of the small 
satellites is restricted to the orbit of the primary satellite, along with having to wait until the 
larger primary satellite is ready or enough small satellites have been accrued to warrant a launch 
(Foust, 2016).   
This has led to a trend towards smaller, more flexible launch systems which can efficiently lift 
light payloads into orbit (Preller & Smart, 2015).  Companies such as Rocket Lab or Orbital 
ATK have begun to offer more flexible small satellite launch platforms with their Electron and 
Pegasus launch vehicles (Foust, 2016).  These commercially available systems though, still 
have a relatively high cost to orbit due to the entire launch platform being expendable (Preller 
& Smart, 2015).  As a result of this, the University of Queensland’s Centre for Hypersonics is 
currently investigating the viability of a three-stage, rocket-scramjet-rocket launch platform 
(called the SPARTAN launch system) as a new, low cost, reusable access to space system to 
meet the rising demand for small satellites (Preller & Smart, 2015).  By utilising a scramjet 
second stage, the SPARTAN system can provide flexibility in the orbit the payload is inserted 
into, as well as increasing the payload mass fraction (Preller & Smart, 2015).  Furthermore, by 
reusing both the first and second stages, with the only expendable section of the rocket being 
the final third stage, the costs to orbit can be reduced relative to other single-use alternatives 
(Preller & Smart, 2015). 
The first stage of the proposed launch system was a reusable rocket booster intended to 
accelerate the second stage scramjet to its operational speed and altitude (Preller & Smart, 
2015).  Upon reaching this point, the second stage then separates and accelerates along a 
relatively flat trajectory to increase the delta-V of the system and bring the third stage nested in 
its back up its release point (Preller & Smart, 2015).  At this point the third stage ignites and 
separates from the main body, moving into a steep pitch up manoeuvre in a high dynamic 
pressure environment to quickly accelerate the vehicle out of the Earth’s atmosphere (Preller & 
Smart, 2015).  Finally, at a dynamic pressure of 10 Pa the heat shield protecting the third stage 
is jettisoned and the vehicle coasts to the desired final parking orbit before deploying the 
payload (Preller & Smart, 2015). 
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Figure 1 shows a rendering of the third stage separating from the second stage SPARTAN 
scramjet.  This separation point was critical to the success of the launch platform, in particular, 
the ability for the third stage rocket to resist the aerodynamic forces and thermal loading 
experienced due to the high angle of attack and high dynamic pressure at the separation point. 
 
Figure 1: SPARTAN launch system at the transition from the second to third stage operations (Keith, 2015). 
As the third stage vehicle had been previously sized for exo-atmospheric operations, it was not 
suited to the new trajectories that resulted in its release within Earth’s atmosphere.  Re-
designing the third stage vehicle to handle the aerodynamic loads theoretically is a 
straightforward task, with many expendable rockets having been developed in the past.  
However, the SPARTAN third stage was unique as its large angle of attack and high dynamic 
pressure resulted in it being loaded in a manner that was completely different to a conventional 
rocket (lift dominated as opposed to drag dominated loads) while still relying on a conventional 
overall rocket geometry (Benson, 2014).   
This led to this thesis focusing on both developing an internal structure for the third stage 
vehicle to resist the new aerodynamic loads based on literature results, as well as validating the 
applicability of the conventional literature design methods implemented. To do this 
conventional rocket design techniques were identified, adapted and then analysed in light of the 
third stage vehicles unique trajectory and aerodynamic loading. 
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1.1 Objectives 
The primary aim of this investigation was to develop a preliminary internal structural design of 
the third stage of the SPARTAN system capable of resisting the maximum flight loads with a 
suitable factor of safety.  By undertaking this work, it was also intended that the applicability 
of current rocket design literature to the third stage vehicles design would be evaluated.  This 
would then form the basis of future detailed trajectory and design work of the third stage 
vehicle, helping to progress the overall SPARTAN program towards becoming a viable launch 
system.  To successfully achieve the intended primary aim of this investigation the project was 
split into two phases. 
1.1.1 Phase 1: Initial Structural Design 
The first phase of this investigation involved the development of the internal structure of the 
third stage vehicle based on conventional rocket design literature.  To do this a review of the 
literature pertaining to the structural design of spacefaring vehicles was undertaken, and from 
this, the geometry of the internal structure developed within Creo Parametric.  The CAD model 
produced from this phase would be completely parametric, allowing for design changes to be 
implemented quickly and easily without the need to redraw componentry.  This CAD model 
would then be able to be utilised within the second phase of this investigation. 
1.1.2 Phase 2: Analysis of the Structural Design Subject to Aerodynamic Loading 
The second phase of this investigation was aimed at evaluating the applicability of the literature 
based design, by determining whether the proposed internal geometry could resist the 
aerodynamic loading at the maximum dynamic pressure point (max-Q point).  In this phase, 
only the aeroshell structure was considered for the finite element analysis of the vehicle as this 
component of the vehicle needed to support all of the aerodynamic loads acting on the structure 
and was critical to the vehicle's success.  Both buckling and static analysis were completed in 
order to ensure that all critical failure modes of the vehicle were captured during the analysis.  
This phase ultimately verified if the intended structure could suitably resist the applied loads 
and if the rocket design based literature could be applied to the third stage vehicle.  It was also 
intended that during this phase the effect that the freestream dynamic pressure had on the 
structural design of the third stage would also be analysed.  This would allow the work from 
this thesis to act as a guide to what literature was relevant for future detailed design work and 
provide an understanding of how the vehicle’s aeroshell may change in response to being 
released at a different dynamic pressure to the current trajectory (i.e. different release altitude).   
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1.2 Scope 
To complete the proposed phases, the scope of the investigation was limited.  Table 1 and Table 
2 present what was considered in and out of scope for Phase One and Phase Two of this 
investigation respectively. 
Table 1: Phase One scope considerations. 
In Scope Out of Scope 
Development of a parametric CAD model of the 
complete internal structure of the third stage 
vehicle in Creo Parametric 
Detailed design of components within the third stage 
vehicle 
Conceptual design of all major internal 
components 
Design of a separation mechanism for aeroshell jettison 
process 
Evaluation of potential materials for the primary 
structural components 
Sizing of mechanical fasteners and detailed connectors 
Analysis of prior art pertaining to the structural 
design of spacefaring vehicles 
- 
 
Table 2: Phase Two scope considerations. 
In Scope Out of Scope 
Finite element analysis of the third stage vehicle’s 
aeroshell 
Finite element analysis of the third stage vehicle’s 
propellant tanks, payload adaptor and thrust structure 
Static and buckling analysis of the aeroshell Modal analysis of the third stage vehicle 
Analysis to be undertaken using the pressure field 
at the maximum dynamic pressure point only 
Not considering other load cases away from max-Q for 
the initial conceptual design 
Selection and implementation of suitable safety 
factors for the third stage structure 
Thermal analysis of the heat shield structure 
Verification of the validity of the literature based 
design decisions made within Phase One for the 
vehicle’s aeroshell 
Development of the pressure field to be utilised within 
the static and buckling analysis 
- Fatigue or fracture based analysis 
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1.3 Methodology 
Based on the key objectives of the investigation, along with the in and out of scope 
requirements, the following process was undertaken to complete this thesis. 
The first step in this investigation was to undertake a review of the literature, covering topics 
from spacecraft loads through to structural elements. Following the critical evaluation of this 
literature, the rocket structure was to be broken down into logical sub-assemblies and the 
individual parts drawn within Creo Parametric.  Once the geometry of the parts had been 
determined, each dimension within the model was then parametrised.  Following this 
parametrisation the model was imported into ANSYS Workbench and static and buckling finite 
element analysis undertaken using a pressure field supplied by Sholto Forbes-Spyratos.  Based 
on the results from the static and buckling solver solutions, the validity of the design 
assumptions made within Phase One were analysed and relationships with dynamic pressure 
and structural design quantities developed.  In summary, the entire methodology for this thesis 
was a combination of literature based design and finite element analysis driven validation, 
culminating in the production of a conceptual parametric CAD geometry based upon results 
from the literature which had been critically analysed to determine their applicability within the 
design of the vehicle. 
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1.4 Chapter Overview 
Chapter One – Introduction 
This chapter provides the background behind the project, the main objectives of this thesis and 
its intended goals and the overall scope of the investigation. 
Chapter Two – Literature Review 
This chapter follows on the from the introduction and presents and critiques all relevant 
literature in the light of the goals and purpose of this thesis. 
Chapter Three – Structural Design of the Third Stage Vehicle 
This chapter presents the methodology used to design the third stage vehicle based on the results 
of the literature review.   
Chapter Four – Mesh Study Results 
This chapter covers the results from the mesh study undertaken on the finite element analysis 
model that was built around the work from Chapter Three. 
Chapter Five – Aeroshell Dynamic Pressure Study Results 
This chapter presents the key results from the aeroshell dynamic pressure study which analysed 
whether the aeroshell of the third stage vehicle would be able to resist the aerodynamic loading 
at the maximum dynamic pressure point for a variety of freestream dynamic pressures. 
Chapter Six – Geometry Effects Analysis 
This chapter presents the results surrounding the effect that changing the number of stringers 
and the backing thickness had on the stress field within the body. 
Chapter Seven – Ancillary Results 
This chapter outlines additional key results found within this investigation, in particular, an 
acceleration test case and an ablative stiffness test case. 
Chapter Eight – Breakdown of Structural Masses 
This chapter presents a breakdown of the structural mass for the aeroshell and the internal 
structure as well as an analysis of the cylinder stringer stiffness contributions. 
Chapter Nine – Discussion 
This chapter discusses the results and the limitations of the work. 
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Chapter Ten – Conclusions 
This chapter presents the main conclusions from this thesis. 
Chapter Eleven – Recommendations 
This chapter outlines areas for future work based on the key limitations found in the discussion. 
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2 Literature Review 
2.1 Introduction 
This literature review aims to provide insight into and present relevant background research 
relating to the design of spacecraft structures.  As such this literature review first discusses the 
characteristics of expendable launch systems, then reviews the primary loads experienced by 
spacecraft as well as some common spacecraft structural elements.  Finally, relevant spacecraft 
materials have been reviewed with regards to their suitability within the proposed launch 
system. 
2.2 SPARTAN Launch System 
The scramjet based access to space system proposed by Preller and Smart (2015) was comprised 
of three main components, a rocket based first stage, a scramjet second stage and a rocket based 
upper stage.  The SPARTAN launch system was designed to carry a payload of approximately 
100 kg to LEO utilising a mission profile shown in Figure 2 (Preller & Smart, 2015). 
Figure 2: SPARTAN launch system mission profile (Preller & Smart, 2015). 
As it can be seen the third stage vehicle was encased in an aeroshell to protect the vehicle from 
aerodynamic loading during the atmospheric phase of its flight.  This aeroshell defined the 
primary shape and size of the launch vehicle and currently consisted of a 3 m long nose cone 
with a half cone angle of 10 degrees, mated to a 4.5 m long cylindrical ablative heat shield with 
an outer diameter of approximately 1.05 m (dependent upon the geometry of the scramjet 
second stage) (Preller & Smart, 2015).  The third stage vehicle then sits within the body of the 
second stage scramjet for the initial phases of the flight.  Then at the desired release altitude 
and velocity, it exits the scramjets body and follows the ascent trajectory defined in Figure 3. 
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Figure 3: Third stage trajectory details (Forbes-Spyratos et al., 2017). 
As it can be seen in Figure 3 the upper stage vehicle proposed by Preller and Smart (2015) was 
intended to be separated from the second stage scramjet at an altitude of approximately 32 km 
and a Mach number of approximately 9.  Following its separation, it would then move into a 
10-degree angle of attack pitch up manoeuvre and begin to accelerate upwards until the external 
dynamic pressure reached 10 Pa (Preller & Smart, 2015).  At this point, the rocket engine would 
cut off, and the vehicle would jettison its heat shield (observed as a step change in mass at 
approximately 140 s into the flight) and coast to apogee (Preller & Smart, 2015).  Upon reaching 
apogee, it would then undertake a series of burns to insert the payload into the desired orbit 
(Forbes-Spyratos et al., 2017; Preller & Smart, 2015).  During its flight, the vehicle could be 
exposed to a peak dynamic pressure (close to the separation point) of approximately 50 kPa, 
which along with the high freestream Mach number, would induce large aerodynamic and 
thermal loads on the vehicle (Preller & Smart, 2015).  In the trajectory shown in Figure 3 the 
maximum dynamic pressure was only 35 kPa, however this represented close to the lower limit 
for the vehicle based on new trajectory details (Forbes-Spyratos et al., 2017). 
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As well as large aerodynamic and thermal loads experienced during the flight, the third stage 
vehicle would also experience inertial loading due to the acceleration of the launch vehicle.  To 
obtain the acceleration of the vehicle over time, a numerical differentiation method was applied 
to the velocity data found in Figure 3 (See Appendix 13.1 for details).  The acceleration profile 
of the launch vehicle can be seen in Figure 4.   
 
Based on this profile the maximum acceleration the SPARTAN third stage would be expected 
to experience was 34 ms-2 (approximately +3.5g). 
2.3 Similar Launch Systems 
Whilst the system proposed by Preller and Smart was relatively unique in how it operated, upon 
reviewing the literature some similar systems were found that have been proposed and 
implemented.   
A conventional rocket currently utilised within the spacecraft industry is the United Launch 
Alliance’s (ULA) Atlas V launch vehicle.   
Figure 4:  Longitudinal acceleration profile for the third stage. 
Figure 5: ULA Atlas V Rocket (400 and 500 configurations) (United Launch Alliance, 2010) 
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This vehicle utilises a combination of solid rocket boosters as well as liquid propellant to carry 
up to 7,700 kg of payload to a Geostationary Transfer Orbit (GTO) with an apogee of 42,000 
km in the 431 configuration (United Launch Alliance, 2010).   
As it can be seen in Figure 5, this launch vehicle shares very little similarities with the 
SPARTAN launch system, with its upper stage and payload fairing structure being three times 
the diameter and 3.5 times the length of the SPARTAN third stage.  A conventional expendable 
launch system such as the Atlas V also generally follows a low angle of attack flight path during 
its ascent phase (compared to the 10-degree angle of attack experienced by the SPARTAN third 
stage), resulting in a maximum dynamic pressure of only 23 kPa (Benson, 2014; United Launch 
Alliance, 2010).  This value was half of what was expected by the SPARTAN third stage and 
highlights the need for the aeroshell to completely encompass the third stage vehicle to prevent 
damage to the payload or airframe (United Launch Alliance, 2010) (Preller & Smart, 2015). 
This indicated that the launch system presented by Preller and Smart (2015) was not operating 
within the realms of a conventional expendable launch system and instead exhibited some 
missile like characteristics.  This was supported by Fleeman (2001)  who found that missiles 
operated under much larger lateral and longitudinal  accelerations (up to +30g), in higher 
dynamic pressure environments (up to 130 kPa for a Mach 2 missile at 20,000 ft), and at higher 
angles of attack, than conventional aircraft.  Whilst the third stage did operate in flight 
environments similar to missiles in terms of angle of attack and relatively similar dynamic 
pressure (depending on the operational altitude), the accelerations experienced by the vehicle 
were significantly less than what was suggested by Fleeman due to the sensitive payloads being 
carried by the SPARTAN’s upper stage.  Despite sharing some similarities with missiles, due 
to the different intentions behind the different vehicles, the third stage could not be accurately 
analysed as completely missile, nor completely rocket. 
The most similar study to the work by Preller and Smart was undertaken by Noh, Lee, Byun, 
and Park (2008) who also investigated the potential of using air-launched access to space 
systems, in particular, a 6.5 m by 0.6 m air-launched three-stage rocket used to carry a 7.5 kg 
payload to a 700km circular orbit.  This rocket was designed to be released from a fighter jet at 
an altitude of 12km and Mach 1.5, then undertake a 20-degree angle of attack pull up 
manoeuvre at Mach 6 and 16 km altitude (Noh et al., 2008).  The overall trajectory of the vehicle 
can be seen in Figure 6. 
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Figure 6: Trajectory of the three-stage air-launched access to space system proposed by Noh et al. (2008). 
This system was significantly smaller than the total SPARTAN launch system and despite the 
velocity and altitude of the launch vehicle matching the third stage of the SPARTAN at the first 
stage burn out point, the upper stage of this vehicle was operating exo-atmospherically.  The 
primary focus of the study by Noh et al. (2008) was to develop a fluid-structure interaction 
simulation of the overall launch vehicle’s aerodynamic shell to investigate the surface pressure 
and rocket deformation during the pull-up manoeuvre performed.   This analysis was similar to 
the pressure field required to be analysed in this investigation, however, no further research 
regarding the structural design of this launch vehicle was found to be made from the authors of 
this paper.  This lack of detailed structural design of this launch vehicle limited the use of the 
work by Noh et al. (2008) in this investigation. 
Another similar launch system to the SPARTAN third stage was the Pegasus XL rocket 
produced by Orbital ATK.  The Pegasus XL rocket was a three-stage solid rocket powered 
winged launch vehicle capable of launching a 221 kg payload into a 740 km circular orbit 
(Orbital ATK, 2015).  This launch vehicle was approximately 16.9 m long by 1.27 m in 
diameter and can be seen in Figure 7 (Orbital ATK, 2015). 
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Figure 7: Pegasus XL configuration (Orbital ATK, 2015). 
The upper stage of the Pegasus XL launch platform was only 3.9 m long (compared to the 7.5 
m long SPARTAN third stage) and was carried by an aircraft up to an altitude of approximately 
12 km, then released at a speed of Mach 0.82 (See trajectory in Figure 8) (Orbital ATK, 2015).  
Following this separation, the vehicle followed a trajectory that experienced slightly lower 
velocities at higher altitudes than the SPARTAN third stage (Orbital ATK, 2015).  For example, 
at first stage burnout, the Pegasus XL vehicle was operating at approximately 2560 m/s at an 
altitude of approximately 54 km, compared to the SPARTAN third stage, which at an equivalent 
altitude was operating in excess of 3000 m/s (Forbes-Spyratos et al., 2017; Orbital ATK, 2015). 
The third stage of the Pegasus XL launch vehicle also ignited well outside of the Earth’s 
atmosphere (Orbital ATK, 2015). 
 
Figure 8: Pegasus launch vehicle trajectory (Orbital ATK, 2015). 
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The overall Pegasus XL vehicle operated in a similar manner to the SPARTAN third stage 
during its initial flight phases, albeit being slightly larger in scale and experienced a similar 
maximum dynamic pressure to the SPARTAN third stage (approximately 68 kPa) (Orbital 
ATK, 2015).  The primary difference between the Pegasus XL vehicle and the SPARTAN third 
stage was that the Pegasus system used solid rocket motors for primary propulsion, whereas the 
system in this investigation utilised a liquid propellant system (Orbital ATK, 2015).  As a result 
of this the Pegasus launch system did not have any internal fuel tanks, nor did it have to 
compensate for the design considerations associated with liquid propellant systems. 
Both of the specific air-launched access to space systems presented in this section shared some 
similarities in terms of size and operating conditions of the launch platform compared to the 
SPARTAN third stage, however, neither system matched completely.  This highlighted the fact 
that research regarding the complete structural design of a system similar to the SPARTAN 
third stage was found to be limited.  As such, the work from conventional access to space 
systems, as well as the air-launched systems, have been considered in light of the SPARTAN 
third stage’s unique operating conditions to develop the internal structure of the vehicle.   
 
2.4 Spacecraft Loading 
2.4.1 Loads 
During a launch vehicle’s flight, it experiences a variety of different loads as a result of 
aerodynamic forces, temperature gradients and other dynamic phenomenon, which in turn 
govern the location, geometry and thickness of all structural elements within the spacecraft.  
Ground and transport operations as well as loading from other phases of the launch trajectory 
were not considered in the scope of this thesis.  The book Spacecraft Structures by Wijker 
(2008) was found to present several of the key structural loads for spacecraft which have been 
summarised in Table 3. 
Table 3: Potential spacecraft loads (Adapted from Wijker (2008)). 
Phase Potential Loads 
Launch Loads Inertial loads (acceleration loads) 
 Random vibrations (motor thrust fluctuations) 
 Acoustic loads 
 Shock loads (stage separation, fairing jettison) 
 Pressure loads (shock waves, max-Q, crosswinds, tank pressurisation, etc.) 
Orbital Loads Thermal stress (due to fluctuating temperatures) 
 Inertial loads (spin up for a spin stabilised launch vehicle) 
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The loads presented by Wijker were valid for most spacecraft structures, but the work was very 
generic in nature and did not necessarily reflect what would be experienced, or need to be 
considered, by the SPARTAN third stage.  Whilst Wijker’s work gave a comprehensive 
analysis of all potential loads needed to be resisted by a spacecraft’s structure, for an initial 
conceptual design, not all loads can be considered (and not all loads are known).  In particular, 
the primary loads suggested by Wijker that were deemed to be relevant in this investigation 
were inertial and pressure based loads.  These loads were also proposed by other authors such 
as Terhes (2014) and Chiesa (1999). 
The work by Chiesa (1999) involved the initial conceptual design, and structural analysis of a 
rocket-propelled winged hypersonic single stage to orbit (SSTO) launch vehicle configured for 
vertical take-off and horizontal landing operations.  Figure 9 shows the vehicle being proposed.  
The vehicle was winged in nature and was constructed from an elliptical body, a very different 
geometry to the purely cylindrical, thrust vectored SPARTAN third stage. 
 
Figure 9: Hypersonic winged vehicle proposed by Chiesa (1999). 
Within the study, Chiesa focused on three key phases of the launch vehicles trajectory, the lift-
off phase, the ascent phase and the re-entry phase.  In the lift-off phase, Chiesa found the 
accelerations to be moderate but the forces large due to the vehicle being at the maximum mass 
condition (similar to the SPARTAN third stage immediately post separation).  In the ascent 
phase, maximum acceleration and aerodynamic forces were found to occur (Chiesa, 1999).  For 
the SPARTAN third stage, the ascent phase phase would likely coincide with the “lift-off” 
phase leading to higher forces than found in the work by Chiesa.  The re-entry phase was 
characterised by Chiesa as a region of primarily aerodynamic loading (Chiesa, 1999), this phase 
though did not occur with the SPARTAN third stage vehicle.   
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Chiesa (1999) only considered the following loads when undertaking the first pass conceptual 
design process to simplify the analysis procedure without losing significant model validity: 
 Aerodynamic pressure loads (lift and drag), 
 Inertial loads (due to accelerations acting on the launch vehicle), 
 Internal pressure loads of the propellant tanks, and, 
 Engine thrust loads. 
Whilst the work by Chiesa was different in terms of roles and geometry to the system under 
investigation, it was considered still relevant as it captured the major loads the third stage rocket 
would experience during its flight, in particular at the max-Q point (which was considered the 
crucial load case for the entire flight envelope by Terhes (2014)).  The work by Chiesa (1999) 
was limited as it neglected thermal loads and did not supply evidence as to why this was 
undertaken.  As such, this investigation will be considering the same loads as presented by 
Chiesa as they should capture the major forces acting on the third stage vehicle during its ascent 
(Chiesa, 1999).  In this investigation, it was assumed that the third stage thermal protection 
system would be sufficient such that, like Chiesa, thermal loads on the aeroshell can be 
neglected for the first pass analysis.  
2.4.2 Failure Modes 
Once the loads acting on the launch vehicle have been determined, the selection of suitable 
failure modes is required in order to ensure the safety of the launch vehicle.  Depending on the 
loads being applied and the material utilised a structural element can fail in several different 
manners (Wijker, 2008).  In the book by Wijker (2008), a series of important failure modes for 
generic spacecraft structures were presented: 
 Yield, 
 Ultimate failure, 
 Local and global buckling, 
 Fatigue, and, 
 Fracture. 
These failure modes were generic in nature, with Wijker’s work not only applying to launch 
vehicles but also to satellites and other spacefaring vehicles.  In this investigation, fatigue was 
deemed to be an unimportant failure mode, due to the short operational life of the launch 
vehicle.  This theory was supported by the work undertaken by Henson and Jones (2017).   
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In their book, Henson and Jones (2017) looked at the materials used within expendable and 
reusable launch vehicle structures and found that the long-term durability and damage 
resistance of spacecraft materials were not as important for expendable launch vehicles due to 
their short operational lifetime.   
Stengel (2015) also suggested that, as the majority of loads experienced by a spacecraft during 
the launch process were compressive in nature, indicating that buckling could be a critical 
failure mode for the SPARTAN third stage.  The reliability of Stengel’s work though was 
questionable as it was not from a peer-reviewed source, however, from a physical perspective, 
the claims made by Stengel’s work matched what was expected in reality, supporting the 
credibility of the statement that the critical failure mode would be buckling. 
Hence, the work by Stengel and Henson and Jones suggested that, of the generic failure modes 
presented by Wijker, local and global buckling will be of greatest importance for this 
investigation, followed by yield and ultimate failure.   
2.4.3 Safety Factors 
As the components within a spacecraft all have different levels of importance within the overall 
launch vehicle, different safety factors are required relative to the risk and consequences of 
failure associated with each component.   
According to Stengel (2015), most spacecraft safety factors lie between 1.25 to 1.4.  This 
bandwidth presented by Stengel though was not overly useful as it did not correlate the safety 
factor with the critical failure mode, or the risk of failure.   
Another source of safety factors for the third stage was found in Fleeman (2001).  Fleeman’s 
work was on the aerodynamic, propulsive and flight profile design of guided missiles.  In the 
analysis of similar launch systems, guided missiles were found to operate within a similar realm 
to the SPARTAN third stage vehicle in terms of angle of attack and dynamic pressure, 
indicating that missile based safety factors may be appropriate for this investigation.   
Table 4 shows the safety factors outlined by Fleeman (2001) for guided missiles. 
Table 4:  Safety factors suggested by Fleeman (2001) for missiles. 
Components Failure Criterion Safety Factor 
Pressure Vessels Yield 1.5 
Ultimate 1.5 
Other Structures Yield 1.25 
Ultimate 1.1 
Thermal 1.0 
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The safety factors presented in Table 4 did not consider buckling and were lower than that for 
conventional spacecraft structures as a result of the lower consequences of mid-flight system 
failure for a missile structure as opposed to a commercial payload carrying rocket structure.  
This suggested that whilst the safety factors proposed by Fleeman were for vehicles similar in 
geometry and flight loads as the SPARTAN third stage, given the different nature of the 
payloads being carried along with the risks associated with the two different vehicles they have 
been deemed unsuitable for the SPARTAN third-stage structure.   
A more reasonable solution was then identified in the work by Terhes (2014).  Terhes’ work 
was on the preliminary structural design for a sub-100 kg, rocket-powered hypersonic UAV 
cruising at 42 km altitude and Mach 6 and was intended to be utilised as a hypersonic test-bed 
for inflight research (Terhes, 2014).  Whilst this vehicle was different in scale and mission 
profile to the SPARTAN system; it would experience similar loads and risk levels (in terms of 
payloads being carried) to the third stage during the third stages initial flight trajectory.  The 
most useful concept proposed by Terhes was the safety factor application method shown in 
Figure 10. 
 
Figure 10:  Safety factor application process (Terhes, 2014). 
The process in Figure 10 can be related to the SPARTAN third stage vehicle design process in 
this investigation as follows.  Firstly, the flight limit loads would be determined from 
computational fluid dynamics (CFD) simulations of the rocket at the design point.  Then the 
design load safety criterion would be applied to obtain the loads that needed to be resisted by 
the structure.  This safety factor application process was to be implemented within this 
investigation.  Terhes also outlined proposed safety factors for the launch vehicle being 
designed in their work and have been summarised in Table 5. 
Table 5: Safety factors proposed by Terhes (2014). 
Failure Mode Label Safety Factor 
Design Loads jD 1.4-1.5 
Yield jY 1.1-1.25 
Ultimate jU 1.25-1.5 
Buckling jB 2.0 
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The safety factors proposed by Terhes (2014) were also supported by the Department of 
Defence (1986) in their Military Handbook for the design and construction of one of a kind 
space equipment.   
As the third stage vehicle could be currently considered a “one of a kind” launch vehicle these 
safety factors were particularly relevant.  The Department of Defence also proposed increased 
safety factors for pressure vessels, due to their increased risk to the spacecraft’s operations.  
Based on these results it was proposed that, to ensure maximum safety of the SPARTAN third 
stage and its payload, the upper limits of the safety factors presented by Terhes (2014) be 
employed along with the increased pressure vessel safety factors quoted by the Department of 
Defence.  This led to the SPARTAN third stage vehicle safety factors found in Table 6. 
Table 6: Proposed SPARTAN third stage safety factors. 
Failure Mode Label Safety Factor 
Design Loads jD 1.5 
Yield jY 1.25 
Ultimate jU 1.5 
Buckling jB 2.0 
Pressure Vessel Yield jYp 2.0 
Pressure Vessel Ultimate jUp 2.5 
 
 
2.5 Spacecraft Structural Elements 
2.5.1 Payload Fairings 
The primary role of a payload fairing is to protect the sensitive payload from the high 
aerodynamic forces experienced during the launch process (China Great Wall Industry 
Corporation, 2011).  In most cases the payload fairing is the nose cone of the launch vehicle 
and as such also acts as an integral part of the aerodynamics of the vehicle, supporting a large 
amount of the aerodynamic load on the vehicle (China Great Wall Industry Corporation, 2011).  
For the system under investigation, due to the harsh environment at the separation point, Preller 
and Smart (2015) proposed the use of a carbon-carbon nose cone and ablative cork phenolic 
side walls to protect the entire launch vehicle structure.  The nose cone of the vehicle was 
proposed to be 3 m long with a half cone angle of 10 degrees and the cylindrical side walls 
approximately 4.5 m long with an OML (Outer Mould Line) radius defined by the nose cone.   
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Note also that the carbon-carbon nose cone included a 50 mm radius tungsten tip to resist the 
high temperatures and high heat fluxes occurring at the tip of the vehicle due to the hypersonic 
flow stagnating (Preller & Smart, 2015).  
Conventional expendable launch systems do not usually require such an advanced thermal and 
payload protection system.  In the space launch systems reference guide by Isahowitz, Hopkins, 
and Hopkins (1991),  the Japanese J vehicle final stage fairing (a vehicle with a similar size 
upper stage to the SPARTAN third stage) utilised a honeycomb sandwich structure.  Utilising 
a similar payload fairing for the SPARTAN third stage would not be practical as the J vehicle 
operated as a conventional launch system, experiencing a lower dynamic pressure at a lower 
Mach number than the SPARTAN third stage (Isahowitz et al., 1991).  This meant that the 
aerodynamic forces and heating experienced by this vehicle were not as substantial as what the 
SPARTAN third stage is expected to encounter.  The payload fairing itself has been effectively 
constrained for this investigation by the work by Preller and Smart (Preller & Smart, 2015), 
however, the reinforcement of the fairing structure was still to be determined, as the fairing had 
previously been designed to only resist the thermal loads experienced by the launch vehicle and 
not any structural loads.   
Another key structural design aspect of the payload fairing was how it attached to the launch 
vehicles primary structure.  Details on this particular structural element were found to be limited 
in peer-reviewed articles and as such technical drawings of conventional launch vehicles were 
investigated.  Based on schematics of the Falcon 1 launch vehicle, presented in Figure 11, it 
was observed that this launch system utilised a clamped base structure, with a single attachment 
point at the lowest point on the aeroshell (Space X, 2008a). 
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This style structure, of a fixed connection point at the base of the aeroshell was also observed 
in the Space X’s Falcon 9 and ULA’s Delta IV launch platforms (Space X, 2015; United Launch 
Alliance, 2013).  The primary difference between this style of aeroshell and the SPARTAN 
third stage was the aeroshell in this investigation encompassed the entire third stage, as opposed 
to just the payload area, as seen in Figure 11.  A better match to the geometry and configuration 
of the SPARTAN third stage was found within ULA’s Atlas V.  Figure 12 shows the Atlas V 
payload fairing along with the CFLR (Centaur Forward Load Reactor).  By implementing the 
CFLR, the Atlas V vehicle can increase the payload fairing stiffness which helps to reduce the 
loss of clearance within the payload compartment (increased dynamic envelope) (Lockheed 
Martin, 1999).  The CFLR also acts as an additional structural connection between the payload 
fairing and the fuel tank for the Atlas V’s upper stage and is jettisoned along with the aeroshell 
(Lockheed Martin, 1999).  Note that the exact details of the connection points themselves were 
not outlined for this payload fairing design. 
Figure 11: Falcon 1 layout (Space X, 2008a). 
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Figure 12: Atlas V payload fairing (Lockheed Martin, 1999). 
The payload fairing configuration and upper stage integration utilised within the Atlas V was 
very visually similar to the SPARTAN third stage, and due to its additional stiffness and 
increased dynamic envelope benefits, it was implemented in this investigation.   
The final stage in the payload fairing structural design was the design of the connection points 
between the aeroshell and the internal structure.  To facilitate jettisoning the aeroshell once the 
external dynamic pressure reached 10 Pa, the aeroshell needed to be able to be easily separated 
from the primary structure.  The book “Spacecraft Systems Engineering” presented a potential 
method for separating spacecraft components  (Fortescue, Swinerd, & Stark, 2011).  According 
to Fortescue et al. (2011), most spacecraft separation systems were based upon the use of a 
Marmon clamp band.  
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Figure 13: Spacecraft attachment clamp band structure (Fortescue et al., 2011). 
Figure 13 shows a separation system used by Arianespace to connect payloads to the primary 
launch vehicle structure that makes use of the Marmon clamp band to hold the two components 
together (Fortescue et al., 2011).  This structure worked by press fitting the two components to 
be temporarily bonded together via the use of a tensioned band (Fortescue et al., 2011).  When 
explosive bolts were sheared, this band was opened and the two components forced apart by a 
separation mechanism (Fortescue et al., 2011).  Given the limited data available on payload 
fairing to rocket structure connectors, it was assumed that a similar structure to the Arianespace 
separation system could be implemented within this investigation to fasten the aeroshell to the 
rocket body. 
2.5.2 Payload Adaptors 
Payload adaptors are designed to support the payload during flight, transmit any loads induced 
by it back to the launch vehicle and facilitate power and signal connections between the 
spacecraft and the payload (United Launch Alliance, 2013).  According to Wijker (2008), the 
primary features of the payload adaptor is that it must be very stiff and have a high natural 
frequency in order to prevent the payload being excited by launch induced vibrations.   
Based on commercially available launch platform user guides (ULA Delta IV, Space X Falcon 
9 and ULA Atlas V) three primary payload adaptor structures were consistently observed 
(Space X, 2015; United Launch Alliance, 2010, 2013): 
 Conical shell shaped adaptors, 
 Cylindrical adaptors, and, 
 Truss based adaptors. 
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Figure 14:  Payload adaptor configurations (United Launch Alliance, 2013). 
Figure 14 shows the three types of payload adaptor structures observed within the literature.  
The conical shell shaped adaptor (Figure 14 – left) was designed to adjust from the rockets 
primary diameter to a smaller diameter suitable for interfacing with the payload separation 
system via a series of bolted and electrical connections.  The cylindrical shaped adaptor (Figure 
14 – middle), was designed for heavier payloads than the conical adaptor, but required specific 
payload vehicle coupling analysis to maximise its efficiency (United Launch Alliance, 2013).  
The truss based adaptor (Figure 14 – right), according to United Launch Alliance (2013), was 
designed to have the highest stiffness to weight ratio for a larger diameter payload (i.e. largest 
natural frequency for lowest mass).   
For this investigation, the payload  required to be lifted into orbit was initially specified by 
Preller and Smart (2015) as a cylinder with dimensions as follows: 
𝐿 = 0.075 ∗ 𝐿𝑙𝑎𝑢𝑛𝑐ℎ 𝑣𝑒ℎ𝑖𝑐𝑙𝑒 
𝑅 = 0.75 ∗ 𝑅𝑙𝑎𝑢𝑛𝑐ℎ 𝑣𝑒ℎ𝑖𝑐𝑙𝑒 
These dimensions were arbitrarily selected along with the density of the payload being 
assumed to be 1000 kg/m3 (Preller & Smart, 2015).  Upon further research, the work 
presented by da Silva Curiel (2003) regarding the current use of small satellites, suggested 
that a much lower satellite density than what Preller and Smart (2015) predicted would be 
experienced for the payload size considered.   
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Figure 15 from da Silva Curiel (2003), shows small satellite density as a function of their mass. 
 
Figure 15:  Small satellite density versus mass (da Silva Curiel, 2003). 
As the current intended payload mass for the third stage was approximately 140 - 150 kg, this 
meant that based on the plot from da Silva Curiel (2003), the density of most payloads carried 
by the SPARTAN system should lie between 0.1 and 0.7 kg/L (100 to 700 kg/m3).  This meant 
that the density selected by Preller and Smart was larger than the average density for small 
satellites of a similar weight band.  Assuming the desired payload mass to orbit was 
approximately 140 kg (Specified by Mr Sholto Forbes-Spyratos, see Appendix 13.2 for details) 
the volume required for the intended payload ranged from 0.2 m3 to 1.4 m3.  Considering the 
payload fairing currently being implemented in the third stage vehicle had an internal radius of 
approximately 0.5 m and a length of 3 m the maximum internal volume (neglecting stiffening 
structures) available to the payload was only 0.79 m3.  As such, it is expected that the payload 
diameter will be large relative to the diameter of the rocket to maximise the available volume 
indicating that the payload radius presented by Preller and Smart (Preller & Smart, 2015) was 
an accurate estimation of the actual payload radius. 
This indicated that the truss based payload adaptor presented by United Launch Alliance was 
the most relevant payload adaptor type for this investigation, given that it was expected that the 
intended payload for the SPARTAN third stage was 75% of the outer mould line diameter of 
the rocket.   
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2.5.3 Propellant Tanks 
Below the payload adaptor system typically sits the propellant tanks for the launch vehicle.  
Propellant tanks are required to store the fuel and oxidiser for the launch vehicle and generally 
operate at high pressure and low temperature.  For the third stage of the SPARTAN platform 
liquid oxygen (LOX) and kerosene fuel (RP-1) were the oxidiser and fuel that would be utilised 
(See Appendix 13.2).  Currently, the oxidiser to the fuel ratio being employed by the third stage 
vehicle was 2.56, with a total propellant mass of 2697.25 kg (See Appendix 13.2). 
The propellant tanks acted as thin-walled pressure vessels, which, whilst well documented for 
conventional systems, was slightly more limited for launch vehicles (Chiesa, 1999).  It was 
found that there were several different design decisions that were needed to be made to ensure 
the success of the launch vehicles propellant tanks.  The work by Chiesa (1999) involved the 
design and sizing of cylindrical and conical LH2 and LOX propellant tanks for a hypersonic 
winged vehicle.  Chiesa (1999) found that the propellant tanks could act either as an integral 
load bearing structure or as a non-load bearing component.  Integral propellant tanks meant that 
the tank walls were reinforced more than usual, allowing for the majority of the aerodynamic 
and inertial loads acting on the outer surface of the launch vehicles body to be carried by the 
propellant tanks, potentially reducing the overall mass of the system (Chiesa, 1999).  In contrast, 
non-integral tanks resulted in the primary vehicle loads being carried by a dedicated structure, 
whilst the propellant tanks only carried the internal pressure loads from the fuel or oxidiser as 
well as any inertial loads acting upon them (Chiesa, 1999).  This method reduced the loading 
on the high-risk pressure vessels but also increased the overall system mass (Chiesa, 1999).   
According to Stengel (2015), propellant tanks could either have two individual bulkheads 
resulting in two separate low-risk propellant tanks, or they could utilise a common bulkhead 
between the fuel and oxidiser tanks, reducing the mass of the system at the same time as 
increasing the risk of failure (Stengel, 2015).  With the common bulkhead configuration, it was 
suggested by McDonnell-Douglas (1973) that the common bulkhead be oriented downwards 
such that it was placed in tension, reducing the risk of buckling. 
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Table 7 summarises the advantages and disadvantages of each propellant tank design method 
(collated from work by Chiesa (1999) and Stengel (2015)). 
Table 7: Propellant tank configuration advantages and limitations. 
Tank 
Configuration 
Advantages Limitations Supported By 
Integral  Potentially lower total mass  Higher stress on safety critical 
components 
Ardema (1972) 
Non-Integral  Safer  Potentially heavier total system mass Terhes (2014) 
Common 
Bulkhead 
 Potentially reduced mass 
 Reduced system 
volume/length 
 Can induce thermal stresses due to 
propellant temperature difference 
 Other system complications (e.g. 
propellant piping difficulties) 
Henson and 
Jones (2017) 
Separate 
Bulkhead 
 No thermal stress issues 
and no intertank insulation 
required 
 Requires an intertank skirt 
 Heavier, larger structure 
- 
 
Whilst the primary work regarding these different design options was presented by Chiesa and 
Stengel, other authors supported different options when selecting propellant tank configurations 
for their respective studies.  For the integral versus non-integral tank options the work by Chiesa 
(1999), Ardema (1972) and Terhes (2014) was all undertaken based on hypersonic air-breathing 
vehicles which experience a constant structural loading for the majority of their flight.  
However, the third stage only experiences its maximum aerodynamic forces for a short period 
of time before it leaves the atmosphere (Based on data from Figure 3), indicating that the entire 
maximum structural mass was not needed for the entire phase of its operations.  This suggested 
that a non-integral tank may prove safer and provide additional mass savings over the entire 
flight operations if the additional structural mass needed to resist the aerodynamic forces could 
be jettisoned during flight.   
According to Tam, Ballinger, and Jaekle (2006), there was a third tank configuration, nested 
tanks, which followed the same shape as a common bulkhead design but used two separate 
propellant tanks.  This method benefited from a similar volume reduction as a common 
bulkhead but reduced the risks associated with storing hypergolic in propellant tanks separated 
by a common bulkhead, at an additional mass cost (Tam et al., 2006).  As this investigation will 
be dealing with non-hypergolic fuels this nested tank method was not deemed necessary, and 
common or separate bulkhead structures were considered more useful.  
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Of the works reviewed, the majority of authors implemented the common bulkhead structure, 
suggesting that the separate bulkhead arrangement was not optimal for the spacecraft 
applications considered.  This was also supported by commercially used launch platforms such 
as the Falcon 1 upper stage and the Falcon 9 launch system, which both implemented common 
bulkhead designs (Space X, 2008a, 2015). 
As the LOX propellant was cryogenic in nature, it needed to be stored at less than 54.36 K 
(Huzel & Huang, 1967). The kerosene-based propellant did not need to be cooled to remain in 
a liquid phase, meaning that if a common bulkhead design was employed, this could lead 
thermal stresses being generated across the bulkhead.  If a common bulkhead was utilised, it 
was expected that a thermal insulation system would be required between the two propellant 
tanks to limit heat transfer, which increases the complexity and the mass of the common 
bulkhead system (Szelinski et al., 2012).  The potential volume and length savings possible by 
utilising a common bulkhead was expected to outweigh the losses due to the additional 
complexity of the required thermal insulation system (Stengel, 2015). 
As the Kestrel rocket engine being used on the third stage did not have an inbuilt turbopump, it 
relied on tank pressure to feed propellant into the combustion chamber (Space X, 2008a).  
According to Huzel and Huang (1967), most pressure fed systems operate with tank pressures 
ranging from 6.9 to 27.5 bar (absolute).  This tank pressure was also supported by Turner 
(2009), as they utilised tank pressures of 30 atm (~30.4 bar) for their rocket-based launch 
system, and by Dunn (2016), who stated that the Ariane V tank pressure was 21 to 23 bar.  As 
such, it is expected that the tank pressures for the third stage of the SPARTAN launch system 
would be of a similar order of magnitude to that found by Turner and Dunn (i.e. 21 to 30 bar).   
Another consideration that was necessary when undertaking the design of liquid propellant 
tanks was the ullage space needed at the top of the propellant tanks.  This additional volume in 
the propellant tanks allowed for expansion and evaporation of the cryogenic or volatile 
propellant (Olds, 1993).  In the work by Olds (1993) on the approximate design methods used 
for conceptual aerospace vehicle design, the tank ullage for LOX and LH2 was found to be  
4.25 % of the original tank volume.  Given no other available data, it was assumed that the 
ullage volume for the RP-1 propellant could also be taken to be 4.25% of the original tank 
volume. 
Due to aerodynamic stability constraints on the system and the higher density of the LOX 
oxidiser relative to the RP-1 fuel, the LOX tank was placed on top of the fuel tank to bring the 
centre of gravity of the vehicle forward.   
37 
This resulted in more stress being placed on the fuel tank but was necessary for the launch 
vehicle to remain controllable (Specified by Mr Sholto Forbes-Spyratos).  This configuration 
was also implemented within the Falcon 9 first and second stages and thus was assumed that it 
could be safely implemented within the SPARTAN third stage (Space X, 2015). 
Based on the literature it was expected that the third stage vehicle would incorporate the 
following propellant tank configuration: 
 Non-integral tank structure, 
 Internal tank pressure of 30 bar (maximum of the specified literature values), 
 LOX tank on top of the fuel tank, and, 
 A downwards facing common bulkhead between the propellant tanks. 
 
2.6 Stiffening Structures 
2.6.1 Overview of Potential Structures 
To ensure the propellant tanks and overall rocket structure could resist the required flight loads 
stiffening structures are utilised within a rocket to reinforce thin-walled structures.  These 
structures rely on the principle that by increasing the cross-sectional area the stiffness of the 
structure could be increased (Stengel, 2015).  Upon reviewing the literature, three primary 
stiffening mechanisms were found to be prominent: 
 Isogrid and orthogrid stiffened structures, 
 Conventional stringer-frame-skin structures, and, 
 Honeycomb sandwich based structures. 
Figure 16  shows the isogrid and orthogrid methods of stiffening a skin panel.  This method 
effectively increases the thickness of the skin panel by adding integral machined ribs in a 
predefined geometry.  According to McDonnell-Douglas (1973), isogrid structures are superior 
to orthogrid structures due to their increased in-plane torsional resistance and their isotropic 
material properties, allowing for more simplified design and analysis techniques than an 
equivalent orthogrid structure. 
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Figure 16:  Isogrid and orthogrid geometries (Ruess, Friedrich, & Schröder, 2016; Wang & Abdalla, 2014). 
The second stiffening option (stringer-skin structure) can be seen in Figure 17.  This structure 
was commonly used on commercial aircraft and utilised similar principles to the isogrid and 
orthogrid structure (Federal Aviation Administration, 2012).  However, the stringers and frames 
used to support the skin were generally larger and more spread out, as well as mechanically 
fastened to the substrate skin, compared to the homogenous, single piece isogrid and orthogrid 
structures (Federal Aviation Administration, 2012).  As a result of the stringers and frames 
within the stringer-skin structure being able to be separate components this allowed for greater 
flexibility in their cross-sectional geometry than isogrid structures (Wijker, 2008). 
 
Figure 17: Stringer-skin stiffening structure (Wijker, 2008). 
The final stiffening structure was the sandwich panel found in Figure 18.  In this investigation, 
honeycomb sandwich structures were found to be implemented more frequently in the 
literature, compared to corrugated and foam core based structures.  The honeycomb sandwich 
based structures consisted of two face sheets adhesively bonded to a honeycomb core to 
increase the effective thickness of the panel without a significant increase in weight (Federal 
Aviation Administration, 2012).   
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Figure 18: Sandwich structure stiffening mechanism (Batchu, 2014). 
Whilst reviewing the literature pertaining to these three stiffening methods several key authors 
became apparent, including Henson and Jones (2017), Terhes (2014), Ruess et al. (2016) and 
Wijker (2008).  The work by Henson and Jones was relevant to this investigation as it presented 
an overview of different materials and launch vehicle structures for expendable and reusable 
launch vehicles.  In their work summarising the different structural and material options 
available for different spacecraft they found that, for integral load-bearing propellant tanks 
under moderate internal pressures, stiffening was generally undertaken by integrally machined 
isogrid/orthogrid stiffeners as opposed to mechanically fastened stringers (Henson & Jones, 
2017).  Henson and Jones work regarding orthogrid and isogrid structures was limited to 
pressurised vessels, and as such conclusions could not be drawn as to whether isogrid/orthogrid 
structures would be more beneficial over conventional stringers for other structural elements. 
In the work by Terhes (2014), a small, lightweight, rocket-propelled, winged hypersonic UAV 
was designed. In this study, like the third stage being considered in this investigation, both drag 
and acceleration loads were being considered.  Due to the small size of the vehicle, Terhes 
proposed the use of Titanium isogrid structures for the stiffening of the primary fuselage of the 
vehicle as these were believed to be easier to manufacture.  In contrast, Terhes suggested that 
a conventional semi-monocoque structure would generally be used for a larger vehicle of a 
similar nature.  Terhes also found that the use of sandwich based panels with cellular cores had 
the potential to improve the impact energy absorption of the structure along with reducing heat 
transfer and increasing acoustic damping whilst reducing the overall mass of the structure.  As 
the structure being implemented by Terhes was much flatter than the SPARTAN third stage, 
this meant the structural design decisions proposed in Terhes’ work may not have been 
completely applicable to this investigation.   
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In addition, the paper by Ruess et al. (2016) looked at the design of efficient and robust shell 
structures for space launch vehicles where buckling.  During their work comparing the weight-
strength curves of isotropic, isogrid and sandwich based cylindrical stiffening structures, Ruess 
et al. (2016) found that sandwich structures had a higher normalised load carrying capacity for 
the same smeared thickness to radius ratio than isogrid style structures (as observed in Figure 
19).  Figure 19 shows the weight strength curves of isotropic, isogrid and sandwich based 
stiffening structures.  In this plot, the horizontal axis represented the normalised load carrying 
capacity (a measure of strength) and the vertical axis the smeared thickness to radius (a measure 
of mass). 
 
Figure 19:  Weight versus strength curves for different shell structure stiffening mechanisms (Ruess et al., 2016). 
Ruess et al. also found that if local buckling was allowed, then skin-stringer structures could 
potentially be lighter than an equivalent orthogrid stiffened shell due to the energy absorption 
of the skins post-buckling regime.  Therefore, to minimise the mass of a stiffened shell structure, 
Ruess et al. (2016) proposed that a frame-stringer style arrangement which took advantage of 
the post-buckling regime of the skin be utilised for the primary structures of space launch 
systems.  
The paper by Gerard (1966) also reviewed the different optimal structural design concepts for 
aerospace vehicles.  In this paper, several different structures were reviewed, including box 
beams, shear webs and stiffened cylinders.  The most relevant of the structures reviewed was 
the stiffened cylinders, as the majority of the SPARTAN third stage components were expected 
to be cylindrical in nature.   
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Gerard found that for stiffened cylinders under compression, sandwich structures became 
increasingly more efficient, compared to utilising a conventional stringer-skin stiffened 
structure, as the curvature of the cylinder was increased (Gerard, 1966).  Despite Gerard 
presenting this information, no numerical values were given for the point of transition between 
sandwich structures becoming more optimal over skin-stringer structures.  Thus, the 
information provided by Gerard was useful in terms of a qualitative analysis of the different 
efficiencies of stiffening structures, it was limited in the fact that it did not present any numerical 
data that could be utilised for the quantitative design work being undertaken in this 
investigation. 
Table 8 summarises the advantages and limitations of each of the stiffening mechanisms based 
primarily on the work undertaken by the key authors highlighted above as well as other authors 
which considered similar structures. 
Table 8: Structural stiffening elements advantages and limitations. 
 
Mechanism Advantages Limitations 
Orthogrid 
and 
Isogrid 
Structures 
 Potentially more mass and cost savings than 
conventional semi-monocoque structure for 
smaller structures (Terhes, 2014) 
 Generally used over skin-stringer method for 
pressurised vessels (Henson & Jones, 2017) 
 Less chance of a pressure vessel leaking due to 
the integral structure (McDonnell-Douglas, 
1973) 
 Higher manufacturing complexity 
(Terhes, 2014) 
 If locally skin buckling allowed 
orthogrid structures can be heavier 
than an equivalent load bearing skin-
stringer arrangement (Ruess et al., 
2016) 
Stringer-
Skin 
Structure 
 Combination of stringers and frame reduce 
skin effective width to minimise buckling 
(Stengel, 2015) 
 Can use local skin buckling to take up some of 
the service load (Ruess et al., 2016) 
 Frames can also act as integral hardware 
attachment points (Wijker, 2008) 
 Current sizing methods for stringer-
skin systems do not always give 
reliable or light structures (Ruess et 
al., 2016) 
 
Honeycomb 
Sandwich 
Structure 
 More efficient than stringer-skin stiffened 
structures for large curvature cylinders in 
compression (Gerard, 1966) 
 Good fatigue, acoustic damping, thermal 
insulation and high specific stiffness (Wijker, 
2008) (Terhes, 2014) 
 Increased complexity in failure 
modes and their ability to be 
accurately modelled in FEA (Wijker, 
2008) 
 Higher manufacturing costs than a 
conventional structure (Ruess et al., 
2016) 
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As seen in Table 8 if localised buckling is allowed the skin-stringer arrangement can be 
potentially lighter than the isogrid and orthogrid structures (Ruess et al., 2016).  However, 
sandwich structures can also support similar loads as a stringer stiffeners for an equivalent mass 
and as such are also viable options for the stiffening of large curvature cylinders (Gerard, 1966). 
The optimal stiffening mechanism for the structure at hand will depend on what failure mode 
is deemed acceptable for the SPARTAN third stage, as well as the geometry of the component 
and its role within the spacecraft’s structure.  As buckling was believed to be the critical failure 
mode for the launch vehicles structure (determined in Section 2.4.2), based on the work by 
Ruess, Gerard and Stengel, it is likely that the primary stiffening mechanism for the aeroshell 
will be based upon a skin-stringer method.  However, based on the work by Terhes (2014) and 
McDonnell-Douglas (1973), it was believed that an isogrid structure would be better suited for 
the walls of the propellant tanks due to local buckling being undesirable for the propellant tanks.  
For the common bulkhead between the propellant tanks, it is believed that the honeycomb 
sandwich structure would be better suited for this role, due to its good thermal insulation 
properties (Wijker, 2008).   
2.6.2 Design and Optimisation of Isogrid Structures 
Given that isogrid structures were likely to be employed within the SPARTAN third stages 
propellant tanks the design and optimisation of isogrid structures was investigated to provide 
justification for future design decisions.  The primary sources that investigated the design and 
optimisation of isogrid structures were McDonnell-Douglas (1973) and Stevens (2002). 
The work by McDonnell-Douglas (1973) involved both the design and optimisation of isogrid 
structures.  Due to their isotropic properties, isogrid structures can be analysed using smeared 
properties which simplifies the analysis process (McDonnell-Douglas, 1973).  This method 
assumes that the isogrid ribs all undergo a uniaxial stress state and neglects stress concentrations 
experienced at the connection points between isogrid ribs (McDonnell-Douglas, 1973).  One 
method of analysis proposed by (McDonnell-Douglas, 1973) involved converting the entire 
stiffening structure (backing sheet plus integral ribs) into an equivalent thickness and modulus 
which yielded the same bending and axial stiffness as the total isogrid.  Despite greatly 
simplifying the analysis, this method was unsuitable for this investigation as could not be easily 
implemented within a finite element model.  This was a result of the equivalent thickness used 
to represent the equivalent monocoque plate was only used to calculate the stiffness properties 
of the structure and a different thickness was required for the stress calculations (McDonnell-
Douglas, 1973).  This method lent itself to hand calculations as opposed to the highly automated 
analysis procedure found within a finite element solver such as ANSYS. 
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The second method proposed by both McDonnell-Douglas (1973) and Stevens (2002) was more 
useful to this investigation but also utilised the principal that the isogrid could be converted to 
an equivalent homogenous structure.  Instead of converting the structure to an equivalent 
thickness the stiffness of the isogrid ribs layer was reduced to compensate for the partially 
hollow cross-section.  To undertake this procedure, McDonnell-Douglas (1973) defined several 
parameters which characterised the isogrid structure. 
 
Figure 20:  Isogrid parameters (Stevens, 2002). 
Figure 20 shows the top view of an isogrid structure with “a” representing the length of the 
isogrid triangle, “h” the height and “b” the rib width.  The height could be related to the isogrid 
length via trigonometry, noting that the triangles were equilateral (a facet of having isotropic 
properties): 
ℎ =
√3
2
𝑎 
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Figure 21:  Isogrid simplified analysis (McDonnell-Douglas, 1973). 
Figure 21 shows the isogrid rib profile on the left and the equivalent sandwich structure on the 
right.  The isogrid rib profile consisted of a backing sheet (at the base), a primary web and an 
optional flange on the top.  According to Stevens (2002), as a result of the isogrids isotropic 
properties, the equivalent stiffness of each sandwich layer could be related to the ratio of the 
web width to the height of the isogrid.  For example, given a web width, b, isogrid height, h, 
and an original uncorrected modulus of the rib, E, the equivalent stiffness of the rib sandwich 
layer was: 
𝐸′ = 𝐸 ∗
𝑏
ℎ
 
By converting the isogrid structure to an equivalent homogenous sandwich structure with 
reduced stiffness’s this allows for the structure to be easily developed within a computationally 
cheap parametric CAD model.  To reduce the complexity of the model and minimise the mass 
of the overall SPARTAN third stage structure the method presented by McDonnell-Douglas 
(1973) and Stevens (2002) also needed to be optimised.  In the work by McDonnell-Douglas 
(1973) optimum isogrid design curves were presented as a function of the compressive load 
applied to a specified curvature cylindrical structure.  These curves were designed to resist 
buckling of the structure and whilst presented the minimum mass configuration, they could not 
be easily implemented within this investigation as a result of the exact loading on the structure 
being unknown at the time of design.  McDonnell-Douglas (1973) did present two key non-
dimensional parameters, alpha and beta, which could be used to define the geometry of the 
isogrid structure. 
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Based on the results from past analysis, when alpha and beta were set to the following values, 
this generally resulted in close to the minimum mass condition for compressive loading of a 
cylinder structure (McDonnell-Douglas, 1973):  
𝛼𝑜𝑝𝑡 =
1
3
 
𝛽𝑜𝑝𝑡 = 16 
Note that this configuration resulted in the isogrid ribs having the same mass as the isogrid 
backing sheet (McDonnell-Douglas, 1973).  Thus, it was assumed that these parameters would 
be implemented to determine the optimal geometry of the isogrid structure.  These two 
parameters, along with three other non-dimensional parameters, allowed for all of the isogrid 
dimensions to be specified (McDonnell-Douglas, 1973): 
𝛼 =
𝑏𝑑
𝑡ℎ
 
𝛿 =
𝑑
𝑡
 
𝜆 =
𝑐
𝑡
 
𝜇 =
𝑤𝑐
𝑡ℎ
 
𝛽 = (1 + 𝛼 + 𝜇) ∗ [2(1 + 𝛿)2 + 3𝜇(1 + 𝛿)2 + 1 + 𝛼𝛿2 + 𝜇𝛿2] − 3[(1 + 𝛿) − 𝜇(1 + 𝛿)]2 
Where, “a” was the length of the isogrid triangle leg, “b” was the isogrid web width, “d” the 
web thickness, “c” was the thickness of the flange, “w” the width of the flange, “t” the thickness 
of the backing sheet, and “h” the height of the isogrid triangle. 
Given, that only two non-dimensional parameters were specified for the generic optimal case, 
to simplify the analysis it was assumed in this investigation that no flanges were to be 
implemented in the isogrid structures removing the need for the 𝜆 and 𝜇 parameters to be 
defined.  By implementing the smeared sandwich panel design method proposed by 
McDonnell-Douglas (1973) and Stevens (2002) along with the optimal non-dimensional 
parameters from McDonnell-Douglas’s work the dimensions of the isogrid structure can be 
related to the desired backing thickness. 
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2.6.3 Design and Optimisation of Stringer Stiffened Structures 
For the aeroshell of the SPARTAN launch vehicle, it was previously found that stringer and 
frame stiffened structures could offer potential mass savings.  In these style structures, the 
meridional stiffeners (stringers) act like beams and take up the compressive and bending loads 
acting on the semi-monocoque structure (North American Aviation, 1968).  The circumferential 
stiffeners (frames) are then responsible for providing most of the lateral support of the structure, 
but also have the ability to support moments, shear and axial loading (North American Aviation, 
1968).  One of the key design decisions pertaining to the use of stringer stiffened structures is 
the cross-sectional profile of the stringers and frames which defines the amount of additional 
stiffness the stringer structure adds relative to the additional mass that it contributes (North 
American Aviation, 1968).  Several common stringer and frame cross-sectional profiles used 
within the aerospace industry can be seen in Figure 22. 
 
Figure 22:  Types of stiffening structure cross-sections utilised within the aerospace industry (Ainsworth, 
Collier, Yarrington, Lucking, & Locke, 2010). 
According to work by Sakata and Davis (1977) on the structural design of a supersonic cruise 
aircraft fuselage, Zee and Hat stringer profiles were found to offer the maximum mass savings.  
However, their work was for an atmospheric lifting body based structure which did not 
resemble the SPARTAN third stage, making the applicability of their work to this investigation 
questionable. 
More relevant work was undertaken by Collier, Ainsworth, Yarrington, and Lucking (2010) 
who were looking at the design of the Ares V interstage connector.  This component was a 
composite load-bearing structural element which connected the two stages of the Ares V launch 
vehicle.  
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In the work by Collier et al. (2010) frames were used to reduce the effective buckling length of 
the outer panels whilst stringers were utilised to support bending and compressive loads.  When 
subjected to axial compression and internal pressure the most efficient stringer cross section 
was a bonded Hat structure, and the most efficient frame structure was an integral blade 
structure (Collier et al., 2010).  Collier et al. (2010) also suggested that Hat stiffened panels 
were the most efficient for carrying axial compressive loads, being up to 20 % lighter than 
sandwich based alternatives.  Hence, both Collier et al. (2010) and Sakata and Davis (1977) 
came to a similar conclusion regarding the optimal stringer geometry, despite having different 
vehicles being analysed.  This suggested that Hat based stringers may also be the most efficient 
stringer stiffening cross section for the SPARTAN third stage aeroshell. 
Collier et al. (2010) conclusion regarding the use of Tee shaped frames as being the most 
optimal frame geometry was also supported by Block (1972).  In Block’s work, the minimum 
weight design of a cylindrical ring and stringer stiffened structure under axial compression 
and/or internal pressure was investigated.  Block represented all stringer profiles as an 
unsymmetrical I section to facilitate a more generalised analysis.  By undertaking this 
assumption, Block found that as the amount of bottom flange material on the stiffener tended 
towards zero, the structural efficiency of the frame increased (Block, 1972).  This suggested 
that Tee shaped frames would provide the most efficient stiffening structure.  As such, this 
investigation will employ Tee shaped frames and Hat based stringers to minimise the weight of 
the stiffened aeroshell. 
Given the previously defined optimal stringer and frame cross sections, in order to design a 
minimum mass structure that utilised the minimum number of dimensions to constrain the 
model additional literature by Block was investigated.  Earlier work by Block (1971), 
investigated the minimum weight design of axially compressed ring and stringer stiffened 
cylindrical shells.  In this work, Block applied two methods, a guess and check (unconstrained 
optimisation) process and, a method that analysed the instability modes of the stiffened shells 
to determine the minimum weight.  The critical limiting assumption in Block’s work was that 
the cylinders and stringers were isotropic, restricting the results to primarily homogenous 
metallic alloys.  To generalise the stringer stiffened structure Block presented several 
dimensionless parameters.   
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For this investigation, two parameters, the ring area parameter (R) (redefined as the frame area 
parameter in this investigation) and the stringer area parameter (S), were found to be the most 
useful: 
𝑆 =
𝐸𝑠𝐴𝑠
𝐸𝑑𝑡
 
𝑅 =
𝐸𝑓𝐴𝑓
𝐸𝑍𝑡
 
Where the coefficients in the area parameters were defined in Table 9. 
Table 9: Coefficients for the frame and stringer area parameters (Block, 1971). 
Coefficient Definition 
Es Modulus of the stringer 
As Cross-sectional area of the stringer 
d Distance between the stringers 
E Modulus of the backing sheet the stringers and frames are attached too 
t Thickness of the backing sheet 
Ef Modulus of the frames 
Af Cross-sectional area of the frames 
Z Distance between the frames 
 
Based on the stringer and frame area parameters, along with several other parameters which 
characterised the stiffening structures geometry, Block presented a method for calculating the 
optimal dimensions of a cylindrical stringer stiffened geometry.  To do this the cylinder 
thickness along with the applied compressive load and the properties of the shell and stiffener 
material needed to be known.  In this investigation though, the parameters needed to utilise the 
optimisation curves presented by Block (1971) were unknown, and thus this method could not 
be implemented.  However, Block (1971) also determined that on average, the stringer and 
frame area ratios which resulted in a minimum mass structure were approximately: 
𝑆 = 0.44 
𝑅 = 0.12 
Whilst these values may not always result in an optimal structure, as there was limited other 
literature surrounding optimisation methods it was assumed that these parameters would 
provide a reasonable basis from which to develop the third stages structure. 
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The work by Shideler, Anderson, and Jackson (1972) regarding the optimum design of 
orthotropic ring stiffened cylinders under axial compression was also investigated.  In Shideler 
et al.’s work it was assumed that the minimum mass design was achieved when all possible 
buckling modes (including general, panel and local buckling) occurred at the same applied 
stress (Shideler et al., 1972).  The stringer cross-sections considered in Shideler et al. (1972) 
included Zee, trapezoidal, tubular double bead and non-symmetric double bead (Shideler et al., 
1972).  
 
Figure 23:  Trapezoidal stiffener geometry (Shideler et al., 1972). 
Figure 23 shows the trapezoidal stiffener geometry investigated by Shideler et al.  This structure 
was very visually similar to the Hat stiffener geometry implemented by Block (1971).  Shideler 
et al. also implemented Tee shaped frames, although did not supply justification for why this 
profile was selected over other potential options.  Thus, it was assumed that the results regarding 
the trapezoidal structure in Shideler et al.’s work could be extrapolated to apply to that of a Hat 
based stiffener assuming the wall thickness was relatively thin (i.e. majority of the structural 
strength came from the legs and top of the structure and not the bottom face). 
During Shideler et al.’s investigation, it was found that all stiffening configurations were more 
efficient with external frames than internal frames (Shideler et al., 1972).  This result though 
could not be implemented in the SPARTAN third stage as the aeroshell required a clean outer 
surface.  It was also found that for the internal rings, the optimum corrugation angle for the 
trapezoidal stringers was 56o +/- 1o and that in order to maximise the efficiency of the structure 
the depth of the frames should be approximately three times the height of the internal 
corrugations (Shideler et al., 1972).  Based on these results it was suggested that the corrugation 
angle and frame to corrugation height ratio from Shideler et al. (1972) could be combined with 
the work from Block (1971) to optimise the stringer and frame geometries.  
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Shideler et al. also proposed a non-dimensional ratio to characterise the number of frames 
needed within an axially compressed cylindrical structure to resist global and local buckling.  
For internal rings, the ratio of the frame spacing to the frame radius was approximately 0.2 to 
0.3 for most aircraft (Shideler et al., 1972).  Despite this relationship being available within 
Shideler et al.’s work its applicability to this investigation was questionable given that the 
vehicle in this investigation was not a conventional aircraft.  As such, it is suggested that this 
value be used for preliminary sizing until it could be verified. 
As the majority of the literature found pertained to only cylindrical structures in axial 
compression, this posed several problems regarding the validity of applying these results to the 
nose cone which was conical in shape.  In the work by Spagnoli and Chryssanthopoulos (1999), 
a method was proposed to convert a conical shell into an equivalent cylinder structure based on 
the local and global buckling failure modes of both cylinders and conical shells in compression. 
 
Figure 24:  Dimensions of a conical shell used by Spagnoli and Chryssanthopoulos (1999). 
Figure 24 shows the dimensions and nomenclature used by Spagnoli and Chryssanthopoulos 
(1999) to define a conical shell.  Based on this nomenclature, an equivalent cylinder could be 
constructed with a length, L, thickness, t, and a radius specified by the mid-length radius of 
curvature of the conical shell (Spagnoli & Chryssanthopoulos, 1999): 
𝑅 =
𝑅1 + 𝑅2
2 cos(𝛽)
 
51 
This relationship converted conical shells into an equivalent cylindrical structure but was 
derived only for unstiffened conical shells and as such its applicability to stiffened structures 
was unknown, limiting Spagnoli and Chryssanthopoulos’s work.   
As no other suitable literature was identified for the optimal design of stringer stiffened conical 
shells, this investigation intends to help fill this knowledge gap.  To do this the work by Spagnoli 
and Chryssanthopoulos (1999) was to be combined with the optimal relationships found in 
Block (1971) and the suitability of the results pertaining to the third stage vehicle analysed 
using finite element analysis. 
 
2.7 Thrust Structures 
At the base of all launch systems is the primary propulsion system, generally a rocket engine.  
This engine generates the thrust required to accelerate the launch vehicle into orbit as well as 
reacting aerodynamic loads.  During the review of the available literature, it was found that 
there were two primary mechanisms utilised to transfer the thrust loads to the main fuselage.  
The first method was a truss based system which was utilised on the space shuttle, the Centaur 
upper stage and Space X’s Merlin 1C engine (Gilmore et al., 2011; Space Engine Encylopedia, 
2014; Space X, 2008b).  This structure allowed for gimballing of motors for directional control 
as well as allowing the loads to be reacted wherever necessary in the overall structure (Gilmore 
et al., 2011).  An example of this method can be seen in Figure 25 for Space X’s Merlin 1C 
engine and mount, utilised within the Falcon 9 upper stage. 
 
Figure 25:  Merlin 1C engine and thrust structure (Space X, 2008b). 
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The second method was a direct attachment of the rocket engine to the lower fuel or oxidiser 
tank (Gilmore et al., 2011). This method, whilst removing the need for additional load-bearing 
structures, required the bottom of the propellant tank to be reinforced to support the thrust load 
(Henson & Jones, 2017).  As such, fixing the motor reduced the overall length of the launch 
vehicle at the cost of adding additional structural reinforcement.  An example of this method 
can be seen in Figure 26 where the Saturn V’s upper stage J2 engine was mounted directly to 
its lower propellant tank via an additional conical reinforcing section (similar to a conical 
payload adaptor).  
 
Upon reviewing the literature, it was found that this area of research was somewhat limited in 
depth compared to other sections analysed.  Furthermore, due to the limited dimensions 
available for the proposed Kestrel rocket engine, it is believed that a truss based adaptor may 
provide additional flexibility over a tank mounted configuration when considering varying 
design parameters.  Given that a truss based adaptor was proposed and the rocket engine being 
employed by the third stage vehicle was Space X’s Kestrel engine, a truss based thrust structure, 
based on the Falcon 1’s main engine support system, was proposed for the SPARTAN third 
stage. 
 
Figure 26:  Saturn V upper stage J2 engine and mount (Allen). 
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Figure 27 shows the Falcon 1’s lower stage Merlin engine and thrust structure.  Whilst this 
structure was designed to carry a larger rocket motor than the Kestrel engine proposed for the 
SPARTAN third stage, insufficient information for the upper stage attachment point (which 
employed the Kestrel engine) could be obtained.  Whilst Figure 27 clearly shows the quad-strut 
arrangement utilised by the Falcon 1 platform, it provides little insight into the reasons why this 
structure was chosen, nor why the specific strut geometries were selected.  Additional geometry 
information was extracted from the scale technical drawings of the Falcon 1, found in Figure 
11.  Based on these sketches it was found that the four primary load bearing struts were arranged 
at 45-degree angles to the centreline of the rocket and the Kestrel engine attachment point was 
approximately 165 mm in diameter.  Given the limited literature surrounding this section of the 
rockets structural design, the dimensions and geometries acquired from the Falcon 1 technical 
drawings will be utilised to form the basis of the SPARTAN third stage thrust take-up structure.   
 
 
 
 
 
 
 
Figure 27:  Falcon 1 main engine thrust structure (Space X, 2017).  
54 
2.8 Spacecraft Materials 
2.8.1 Commonly Used Materials and Applications 
Given all of the loads, safety factors, failure criterion and structural elements have been 
analysed the next phase in the structural design of a spacecraft was the selection of a suitable 
material for each component.  Within the space industry, several different types of materials 
are utilised to help minimise the mass of the launch vehicle and reduce the total cost to orbit.   
The main materials utilised for spacecraft include: 
 Aluminium 
 Titanium 
 Composites 
 Sandwich Panels 
 Others (Steel, Beryllium, Boron and Magnesium) 
2.8.1.1 Aluminium 
Aluminium is one of the most commonly used materials within most launch vehicles (Akin, 
2014).  It has a low density and moderate yield and ultimate strengths which results in it having 
a high specific strength and stiffness (Akin, 2014).  It is also relatively cheap and easy to 
manufacture (compared to other materials such as titanium) as well as benefitting from good 
corrosion resistance (Akin, 2014).  However, its strength is not as high as steel or titanium, and 
it is susceptible to high temperature softening (Akin, 2014) (Wijker, 2008).  According to 
Wijker (2008) aluminium is utilised for a range of components including: 
 Monocoque and stiffened skins, 
 Pressure vessels and cryogenic fuel tanks, 
 Struts, and,  
 Primary structures operating below the softening temperature. 
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Table 10: Specific aluminium alloys used within space launch vehicles. 
Alloy Uses Advantages Disadvantages 
2014 Fuel tanks (Henson & Jones, 2017) Higher strength than 2219 
(Henson & Jones, 2017) 
- 
2219 - - T<175 degrees (Boyer, 
Cotton, Mohaghegh, & 
Schafrik, 2015) 
2024 Equipment plates (Belardo, Paletta, 
& Mercurio, 2015) 
- T<90 degrees for certain 
tempers (Boyer et al., 
2015) 
Al-Li 
(e.g. 
2195) 
Alternative to CFRP, used for ARES 
I upper stage tanks with common 
bulkheads (Henson & Jones, 2017) 
and used for LOX tanks (Mehta & 
Bowles, 2001) 
Higher strength and stiffness 
plus lower density than normal 
aluminium and higher corrosion 
resistance (Boyer et al., 2015) 
Low transverse fracture 
toughness and 
anisotropic (Boyer et al., 
2015) 
7XXX 
series 
High strength interstages (Dunn, 
2016) 
Higher strength than 2XXX 
series (Henson & Jones, 2017) 
- 
 
Table 10 presents an overview of some specific aluminium alloys utilised within space launch 
vehicles and how they differ from the generic properties presented by Wijker (2008).  A 
common alloy implemented within current spacecraft is 2195, an aluminium lithium alloy 
utilised for the Space Shuttle Cryogenic Fuel Tank (Hales & Hafley, 2010).   
This alloy exhibits higher stiffness than conventional aluminium alloys as well as higher 
strengths and thus has been proposed as a potential material for the SPARTAN third stage 
propellant tanks. 
2.8.1.2 Titanium  
Titanium is another commonly used spacecraft material due to its high strength, moderate 
density and low thermal conductivity (Boyer et al., 2015).  However, titanium is difficult to 
manufacture, costs significantly more than aluminium (up to 10 times more) and according to 
Wijker (2008) has poor ductility and can crack when welded (Boyer et al., 2015).  Another 
benefit of titanium is its high strength at high temperatures (up to 600 degrees) as well as its 
higher stiffness than aluminium (110 GPa compared to nominally 70 GPa) (Boyer et al., 2015).   
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Titanium is primarily utilised for the following structural components: 
 Composite attachment points (due to its low thermal conductivity) (Boyer et al., 2015; 
Farley, 2013), 
 Thermal isolation (Farley, 2013), 
 Fuel tanks/pressure vessels and other cryogenic structures (Henson & Jones, 2017; 
Wijker, 2008), 
 Leading edges and monocoque structures (Isahowitz et al., 1991). 
 Lightweight truss structures, nodes and hot structures, including the space shuttle 
thrust structure (Hörschgen, Jung, Stamminger, & Turner, 2006; Wijker, 2008). 
Whilst there are many titanium alloys available the most commonly used alloy according to 
Boyer et al. (2015)  was Ti6Al4V.  Thus, titanium can be used as an alternative to aluminium 
for spacecraft structures that are operating at much higher ambient temperatures or higher loads, 
at the cost of a higher density and larger manufacturing costs.  If aluminium was found to be 
insufficient at supporting the loads experienced by the SPARTAN third stage thrust structure, 
or the flight temperatures were greater than aluminium’s softening point, Titanium could offer 
a potential, more expensive solution. 
2.8.1.3 Composites 
Composite materials are becoming more prevalent for aerospace structures due to their low 
density and high stiffness (Akin, 2014).  The primary disadvantage of most composite materials 
is that their properties vary with the orientation of fibres within the matrix (Akin, 2014).  Most 
spacecraft structures utilise at least one of the following: 
 Glass-Epoxy composites, 
 Kevlar-Epoxy composites, 
 Graphite-Epoxy composites, 
 Carbon-Epoxy composites, and, 
 Boron-Epoxy composites. 
As these composite materials exhibit vastly different material properties and are used in varying 
applications Table 11 summarises their primary uses, advantages and disadvantages. 
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Table 11: Advantages, disadvantages and uses of different composite materials. 
Composite 
Type 
Uses Advantages Disadvantages 
Glass-
Epoxy 
Pressure vessels, insulation 
and(Akin, 2014)(Akin, 
2014)(Akin, 2014)(Akin, 
2014)(Akin, 2014)(Akin, 2014) 
rods, pipes and trusses (Wijker, 
2008) 
Lightweight, RF 
transparent (Akin, 2014) 
Not as strong or as stiff as other 
composite materials  (Akin, 
2014) 
Kevlar-
Epoxy 
Pressure vessels, fairings, 
impact resistant parts (Akin, 
2014) 
RF transparent (Akin, 
2014) 
- 
Graphite-
Epoxy 
Used for shuttle bay doors 
(Gilmore et al., 2011) 
Low thermal expansion 
coefficient, thus good for 
high-temperature areas 
(Hörschgen et al., 2006) 
- 
Carbon-
Epoxy 
Interstages (Akin, 2014). Rods, 
trusses, pipes, thin-walled 
cylinders (Wijker, 2008) 
LH2 tanks and for 
overwrapping of pressure 
vessels (Henson & Jones, 2017) 
Large mass savings over 
metal parts due to high 
stiffness and strength and 
low density (Henson & 
Jones, 2017) 
 
Tends to oxidise and 
delaminate when exposed to 
LOX, thus cannot be used for 
LOX tanks without a liner 
(Henson & Jones, 2017) 
Boron-
Epoxy 
Stiffness critical rods, pipes and 
trusses (Wijker, 2008) 
Very high stiffness 
(Wijker, 2008) 
- 
 
Due to the high specific stiffness and strength of most composite materials they are an excellent 
alternative to metal components as they can significantly reduce the launch mass.  However, 
their complex failure modes and anisotropic properties mean they require additional 
considerations when designing a structure to be manufactured using composite materials.  
Despite these additional considerations, in the work by Collier et al. (2010), composite stringer 
designs were found to be up to 30% lighter than a metallic equivalent.   
Thus, carbon fibre stringers and frames have been suggested to be implemented within the 
stiffening structures of the SPARTAN third stage to help minimise the mass of the aeroshell.  
Carbon fibre was proposed over other composite materials such as Kevlar, glass fibres and 
graphite due to its high specific stiffness and its high specific strength. 
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2.8.1.4 Sandwich Panels 
Most of the sandwich panels utilised within the space industry are based around a honeycomb 
core sandwiched between two face sheets in order to help increase the overall moment of inertia 
of the panel.  By increasing the moment of inertia of the panel by using a partially hollow 
honeycomb structure, it means that the bending stiffness can be greatly increased without a 
large increase in the mass of the structure (Barbero, 2011).  According to Wijker (2008) in 
general aluminium cores are utilised for the honeycomb structure, but the face sheets used vary 
depending on the properties required from the structure.  For example, whilst Wijker (2008) 
utilised aluminium cores and face sheets, Ballard (2012) utilised carbon fibre face sheets and a 
hexagonal aluminium core and Terhes (2014) employed titanium face sheets on a similar 
aluminium core structure.  As such, there appeared to be no definitive solution as to what face 
sheet–core combination would be best suited to the situation at hand presented in the literature 
reviewed. 
As well as increasing the bending stiffness of the panel without a drastic increase in mass, 
honeycomb based sandwich panels also benefited from good fatigue life, sound attenuation and 
thermal insulation properties as well as high impact absorption (Terhes, 2014; Wijker, 2008).  
However, the addition of the core increases the complexity of the failure modes possible for the 
structure (Wijker, 2008).  Given these properties sandwich panels were commonly used for: 
 Instrument panels and mounts (Wijker, 2008), 
 The primary fuselage of the space shuttle (Hörschgen et al., 2006), and, 
 The common bulkheads on the Ares I propellant tanks (Henson & Jones, 2017).  
Thus, aluminium honeycomb based composite structures are a lightweight alternative to 
conventional metallic stringer-skin arrangements. 
2.8.1.5 Others 
As well as the primary spacecraft materials outlined above, other materials are also utilised 
within common launch vehicles, albeit in not as large quantities as the primary materials.  The 
most common secondary spacecraft materials found during the review of the literature included: 
 Magnesium, 
 Boron, 
 Beryllium, and, 
 Steel. 
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Magnesium is commonly utilised in pressure vessels, trusses and frames as well as lightly 
loaded structural parts (Wijker, 2008).  Despite magnesium’s high specific strength, due to its 
poor corrosion resistance and low thermal resistance, it is not used frequently within launch 
vehicles (Wijker, 2008). 
As well as being used in epoxy composites as a strengthening agent, boron is also added to 
aluminium to increase the stiffness of aluminium structural frames and trusses (Hale, Lane, 
Chapline, & Lula, 2011; Hörschgen et al., 2006). 
Beryllium, like boron is also utilised for stiffness critical parts due to it having a very high 
specific stiffness (Farley, 2013).  Thus, beryllium is commonly used in thin-walled cylinders, 
rods and trusses utilised for structures in compression, under thermal shock or are vibration 
critical (Wijker, 2008).  The main disadvantage with beryllium though is that it is toxic and 
brittle, making manufacturing and operations difficult and hazardous and hence limiting its use 
within structures unless it is absolutely necessary (Farley, 2013). 
Steel is another rarely used material within launch vehicles due to its high density (Akin, 2014).  
However, its very high stiffness and strength along with its ability to retain its strength to high 
temperatures means that it is generally utilised for components under high loads operating in 
aggressive environments (e.g. hot structures, pressure stabilised cryogenic tanks and fuel lines) 
(Farley, 2013; Wijker, 2008).  Steel is also often utilised for fasteners and threaded parts and 
commonly used alloys include 4340, 300M or PH15-7Mo (Boyer et al., 2015; Fleeman, 2001). 
Whilst these materials were not utilised much within launch vehicles, they did have niche roles 
within spacecraft and as such could not be neglected when reviewing potential materials for 
key structural components. 
2.8.2 Materials Summary 
After reviewing the primary potential spacecraft materials, a summary matrix was generated to 
consolidate all literature pertaining to spacecraft materials.  As such, Table 12 presents the 
advantages, disadvantages, uses, limitations and relative cost of the common spacecraft 
materials identified within the previous sections.  
Note that in Table 12, for the composite materials, their properties were heavily dependent 
upon the direction of the respective plies as well as the ratio of resin to fibre.  As such, the 
evaluation of the composite materials was very general and their benefits within a spacecraft 
structure would vary depending on how they were implemented and manufactured.  If these 
materials were to be utilised further research would be required into the optimal design of the 
composite components.  
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Note also that Table 12 was not a complete list of all spacecraft materials reviewed and only 
included materials that were most relevant to this investigation.  As such materials such as 
magnesium or boron have been omitted from this review due to their relatively small, niche 
applications within the spacecraft industry.  In addition, note that the cost criterion presented in 
Table 12 was based on data from Ashby (2011) and that data was not available for most of the 
various composite materials, however, it has been assumed they are of a similar magnitude in 
cost to carbon fibre and glass fibre composites.  Note also, that as the strength and properties 
of the materials improved the relative cost also increased due to manufacturing complexity or 
high processing costs.  As such, the selection of materials for the SPARTAN third stage vehicle 
would involve a trade-off between increased performance and additional cost.  As the launch 
vehicle was expendable, minimising the costs was paramount to a successful design. 
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Table 12: Advantages and disadvantages of common spacecraft materials. 
Material Advantages Limitations Uses Some Common Alloys Cost ($/kg) 
Aluminium  Low density, moderate yield and ultimate strengths and a 
high specific strength and stiffness (Akin, 2014) 
 Cheap and easy to manufacture and has good corrosion 
resistance (Akin, 2014) 
 By adding lithium to the aluminium, the specific strength 
and stiffness can be significantly increased (Boyer et al., 
2015) 
 Not as strong at titanium or steel and 
susceptible to high temperature softening 
(Akin, 2014) (Wijker, 2008) 
 Al-Li alloys have low transverse toughness 
and are anisotropic  (Boyer et al., 2015) 
 Monocoque and stiffened skins, pressure vessels, cryogenic 
fuel tanks, struts and primary structures (Wijker, 2008) 
 High strength interstages (Dunn, 2016) 
 2014 (Henson & Jones, 2017) 
 2219 (Boyer et al., 2015) 
 2024 (Belardo et al., 2015) 
 Al-Li (e.g. 2195) (Boyer et al., 2015) 
 7XXX series (Henson & Jones, 2017) 
Low 
Titanium  High strength, moderate density and low thermal 
conductivity (Boyer et al., 2015) 
 High strength at high temperature and stiffer than 
aluminium (Boyer et al., 2015) 
 Difficult to manufacture, costs more than 
aluminium (Boyer et al., 2015) 
 Poor ductility and can crack during welding 
(Wijker, 2008) 
 
 Composite parts attachment points (Boyer et al., 2015; 
Farley, 2013) 
 Thermal isolation (Farley, 2013) 
 Fuel tanks, pressure vessels and cryogenic structures 
(Henson & Jones, 2017; Wijker, 2008) 
 Truss structures (Hörschgen et al., 2006; Wijker, 2008) 
 Ti6Al4V (Boyer et al., 2015) Very High 
Glass – Epoxy 
Composite 
(GFRP) 
 Lightweight, radio frequency (RF) transparent (Akin, 
2014) 
 Not as strong or as stiff as other composites 
(e.g. carbon fibre) (Akin, 2014) 
 Directional properties (Akin, 2014) 
 Pressure vessels, insulation (Akin, 2014) 
 Rods, pipes and trusses (Wijker, 2008) 
 N/A High 
Kevlar – Epoxy 
Composite 
 RF transparent and tough (Akin, 2014)  Directional properties (Akin, 2014)  Pressure vessels, fairings, impact resistant parts (Akin, 2014)  N/A High 
(assumed) 
Graphite – Epoxy 
Composite 
 Low thermal expansion coefficient, thus good for high-
temperature areas (Hörschgen et al., 2006) 
 Directional properties (Akin, 2014)  Shuttle bay doors (Gilmore et al., 2011) 
 
 N/A High 
(assumed) 
Carbon-Epoxy 
Composite 
(CFRP) 
 High stiffness, strength and low density giving potentially 
large mass savings over metal parts (Henson & Jones, 
2017) 
 High cost and can oxidise when exposed to 
LOX (Henson & Jones, 2017) 
 Interstages (Akin, 2014) 
 Rods, trusses, pipes and LH2 tanks (Henson & Jones, 2017; 
Wijker, 2008) 
 N/A Very High 
Sandwich Panels  Increased moment of inertia and bending stiffness without 
a large increase in mass (Wijker, 2008) 
 High specific stiffness, good fatigue properties, good 
sound attenuation and thermal insulation and high impact 
absorption (Terhes, 2014; Wijker, 2008) 
 Complex failure modes due to the potential 
for debonding of face sheets and core 
(Wijker, 2008) 
 Instrument panels and mounts (Wijker, 2008) 
 Primary fuselage of the space shuttle (Hörschgen et al., 
2006) 
 Common bulkheads on the Ares I propellant tanks (Henson 
& Jones, 2017) 
 Aluminium cores are generally utilised for most sandwich 
panels in the aerospace industry (Wijker, 2008) 
 Facesheet material varies based on role and desired 
properties but can include aluminium (Wijker, 2008), carbon 
fibre (Ballard, 2012) and titanium (Terhes, 2014) 
No Data 
Steel  Very high stiffness and strength (Farley, 2013; Wijker, 
2008) 
 High strength at high temperatures (Farley, 2013; Wijker, 
2008) 
 
 High density and poor corrosion resistance 
(Farley, 2013; Wijker, 2008) 
 
 Components under high loads in aggressive environments 
(e.g. Hot structures, pressure stabilised cryogenic tanks and 
fuel lines) (Farley, 2013; Wijker, 2008) 
 Fasteners and threaded parts (Boyer et al., 2015; Fleeman, 
2001) 
 4340 (Farley, 2013; Wijker, 2008) 
 300M (Farley, 2013; Wijker, 2008) 
 PH 14-7Mo (Farley, 2013; Wijker, 2008) 
Low to 
Medium 
Beryllium 
 
 Very high specific stiffness (Farley, 2013)  Toxic and brittle (Farley, 2013)  Thin-walled cylinders, rods and trusses utilised in 
compression or vibration critical areas (Wijker, 2008) 
 N/A No Data 
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3 Structural Design of the Third Stage Vehicle 
3.1 Design Overview 
This section of the report presents the underlying methodology used to generate the Creo 
Parametric CAD model as well as the assumptions made, the limitations of the design and any 
optimisation techniques employed to simplify the model.  This section first presents an 
overview of the main design choices selected based on the work in the Literature Review.  Then 
the general assumptions and design requirements governing the overall conceptual rocket 
design are presented followed by a breakdown of the formulation of each part within the overall 
rocket system.  Finally, the materials, for each component have been reviewed and justification 
provided as to why each material was chosen for the individual components.  Based on the 
literature reviewed in the previous section a summary of the initially proposed structural 
elements, primary loads resisted and the potential materials have been presented in Table 13.   
Table 13: Summary of the proposed structural elements and materials for the SPARTAN third stage launch 
system. 
Component Proposed 
Structural 
Element 
Primary Loads Resisted Potential Materials 
Aeroshell 
Reinforcement 
Stringer and frame 
stiffened skin 
External pressure, bending 
(lift), axial compression 
(drag), inertial (acceleration) 
Aluminium(Wijker, 2008)(Wijker, 
2008)(Wijker, 2008)(Wijker, 
2008)(Wijker, 2008), titanium, 
CFRP  
LOX Tank Non-integral 
isogrid stiffened, 
common bulkhead 
tank 
Internal pressure, axial 
compression (payload mass), 
inertial (acceleration), 
bending (aeroshell) 
Aluminium, aluminium-lithium, 
titanium, steel, sandwich panels 
RP-1 Tank Non-integral 
isogrid stiffened, 
common bulkhead 
tank 
Internal pressure, axial 
compression (payload mass), 
inertial (acceleration), 
bending (aeroshell) 
Aluminium, aluminium-lithium, 
titanium, steel, sandwich panels 
Thrust Structure Truss based thrust 
take-up structure 
Compression, lateral loads 
(from thrust vectoring) 
Aluminium, titanium, titanium, 
steel, GFRP 
Payload Adaptor Truss based 
adaptor 
Compression, vibration, 
lateral loads 
Aluminium, titanium, CFRP,  
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When developing this CAD geometry of the rocket the structure was split into several key sub-
assemblies, shown in Figure 28 where each of the square boxes represents a sub-assembly 
whereas an elliptical box represents an individual part file.   
 
Figure 28:  CAD geometry part hierarchy. 
 
3.2 General Assumptions and Requirements 
The general assumptions made for the third stage vehicle were as follows: 
 The aeroshell was 100 % effective at insulating the rocket internal structure from the 
high-temperature external environment.   Thus, the materials within the structure did 
not experience any softening or creep during operations, 
 The aeroshell was the same dimensions as proposed by Preller and Smart (2015), 
 Cork-phenolic ablative did not provide any structural strength to the vehicle (to be 
verified), 
 The aerodynamic loading was the primary loading on the structure and larger in 
magnitude than other loads, such as inertial loading (to be verified), and, 
 The aeroshell was to be constructed in a clamshell fashion to facilitate separation at a 
dynamic pressure of 10 Pa. 
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The general requirements for the vehicle were as follows (see Appendix 13.2 for details): 
 A payload mass of 140 kg was to be carried by the rocket to orbit, 
 The volume within the nose cone needed to be maximised in order to maximise the 
amount of payload space.  Thus, the distance the propellant tanks encroached within the 
nose cone was to be minimised, 
 The rocket engine being used by the third stage vehicle was Space X’s Kestrel rocket 
engine, 
 The propellant under consideration was LOX and RP-1 with a fuel to oxidiser ratio of 
2.56:1, 
 The vehicle was to be able to resist aerodynamic loading at the maximum dynamic 
pressure point, 
 The aeroshell needed to be able to separate from the internal structure after the vehicle 
had left the atmosphere, and, 
 The vehicle dimensions were to be sized as a function of the outer mould line radius of 
the third stage vehicle. 
These were not exhaustive lists, and where necessary, additional assumptions were made 
throughout the analysis process to successfully complete the vehicles design. 
 
3.3 Aeroshell 
The aeroshell was the primary load-bearing structure of the vehicle for the atmospheric phase 
of the trajectory.  The main requirements for the aeroshell were defined as follows: 
 React pressure loads experienced during the flight through the atmosphere, 
 Thermally and acoustically insulate the payload and internal structure from the external 
hypersonic flow, 
 Conical RCC nose cone (Preller & Smart, 2015), 
 Cylindrical cork-phenolic ablative (Preller & Smart, 2015), 
 Tungsten nose cone tip (Preller & Smart, 2015), and, 
 Able to be discarded when the dynamic pressure was less than 10 Pa (Preller & Smart, 
2015). 
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Based on these requirements the aeroshell was developed as two main sub-assemblies, the nose 
cone and the cylinder, with each subassembly split along a mid-plane parting line resulting in 
a clamshell configuration (as seen in Figure 29).  The details behind the separation mechanisms 
of the clamshell structure was out of the scope.  
 
Figure 29:  Aeroshell separation geometry. 
To stiffen the original thermal protection system (TPS) proposed by Preller and Smart (2015), 
stringer-frame style stiffening structures were selected for the aeroshell due to two main 
reasons: 
1. As a result of their ability to absorb additional energy before failing relative to other 
stiffening structures (such as isogrids) for a similar structural mass, saving the vehicle 
by allowing local buckling in the event of an overload (Ruess et al., 2016).   
2. Due to the thermal protection system for the aeroshell being already designed for 
thermal loads, stringers and frames were simpler to attach to this structure and provide 
structural support relative to other stiffening methods (such as integral isogrid 
structures). 
The aeroshell TPS also provided the primary geometric specifications of the aeroshell, as seen 
in Figure 30 (Preller & Smart, 2015). 
 
Figure 30:  Aeroshell dimensions specified by Preller and Smart (2015). 
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As the nose cone and cylinder supported different loads, they were designed independently with 
a series of flanges utilised to bolt them together.  Thus, the subsequent sections outline the 
decisions behind the design of the nose cone and the cylinder of the aeroshell. 
3.3.1 Cylinder 
The cylinder was located directly below the nose cone of the aeroshell and was responsible for 
protecting the propellant tanks, thrust structure and rocket engine from the hypersonic flow.  To 
protect the internal structure from the thermal loading the cylinder’s TPS was comprised of a 
cork-phenolic ablative shell.  Due to the high compliance of the TPS material, stringer and 
frame stiffening structures were employed to resist and transfer any loads experienced by the 
cylinder part of the aeroshell. 
The ablative section of the cylinder was nominally 5 mm thick, 4500 mm long and had an outer 
mould line (OML) diameter governed by the nose cone: 
𝐶𝑌𝐿𝑂𝐷 = 𝑁𝐶𝑙𝑒𝑛𝑔𝑡ℎ ∗ tan(𝑁𝐶𝑎𝑛𝑔𝑙𝑒) = 528.981 𝑚𝑚 
Where CYLOD was the outer mould line diameter of the cylinder, NClength the untruncated length 
of the nose cone (3000 mm) and NCangle was the half cone angle.   
 
Figure 31:  Simplified aeroshell aerodynamic loads and supports (Cylinder drag force neglected due to small 
magnitude). 
Figure 31 shows the primary resolved pressure loads acting on the complete aeroshell.  Due to 
the nose cone impacting with the majority of the flow this resulted in the nose cone lift force 
being larger than the body’s lift force, generating an applied moment and a lateral force at the 
top of the cylinder.  To prevent this moment and lateral load from causing excessive deflection 
and stress on the aeroshell two load take up points were proposed for the cylinder. The top load 
take-up point was based on the Centaur Forward Load Reactor used by the Atlas V launch 
system and was modelled as a frictionless roller support, allowing it to transmit axial loads and 
moment but no lateral loads (Lockheed Martin, 1999).  This ensured that the compressive drag 
force dominated the lower cylinder structure allowing for compressive loading based 
optimisation literature to be applied to this component. 
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To support the ablative and act as an interface to the stiffening structures a backing sheet of 
thickness, tb, was bonded to the rear of the ablative.  Hat shaped stringers and Tee frames were 
then bonded to the inside of this sheet, based on the work by Block (1972) and Shideler et al. 
(1972).  As both Block’s and Shideler et al.’s work was for axially compressed cylinders, this 
meant that these style stiffening structures should have been valid for the aeroshell cylinder 
(below the upper attachment ring) where compressive loads dominated. 
Figure 32 shows the Hat and Tee geometries implemented.  To reduce the number of variables 
all flanges and webs within a given profile were a uniform thickness.   
Fillets were also added to the connection points between flanges and webs to reduce stress 
concentration effects but were not considered when undertaking the optimisation analysis of 
the component as they were relatively small in size.  The legs of the stringer profile and the 
base of the Tee profile were also curved to help in the assembly of parts, but this curvature was 
also not considered for the optimisation.   
Table 14: Nomenclature utilised within the optimisation process for the cylinder frames and stringers. 
Parameter Description 
tb Thickness of the backing sheet 
nf Number of frames along the length of the body 
hf Height of the frame 
wf Width of the frame 
tf Thickness of the frame 
ns Number of stringers around the circumference of the body 
hs Height of the stringer 
ws,t Top width of the stringer 
ws,b Bottom width of the stringer 
ts Thickness of the stringer 
 
 
Figure 32: Hat and Tee frame profiles and key dimensions. 
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Table 14 presents the nomenclature used to define the stringer and frame structures.  To reduce 
the computational effort required in the second phase of this thesis, the stringers and frames 
were partially optimised using literature, so they only depended on the following variables 
(selected due to their ability to easily vary the stiffness of the aeroshell structure): 
 Number of frames (nf), 
 Thickness of the frames (tf), 
 Thickness of the backing sheet (tb), and, 
 Thickness of the stringers (ts). 
The minimisation of the number of geometry variables was achieved by implementing the 
following values from the literature: 
 The stringer and frame area ratios (S and R respectively) were set to 0.44 and 0.12 
respectively based on the work by Block (1971), 
 The ratio of the frame height to stringer height was set to 3.0 based on the work by 
Shideler et al. (1972), 
 The optimal corrugation angle (𝛽)  for the stringers was set at 56 degrees based on the 
work by Shideler et al. (1972), and, 
 The number of frames within the cylinder (and the nose cone) was set by the frame 
spacing ratio of 0.3 presented in the work by Shideler et al. (1972). 
Based on these literature optimum values relationships between the stringer and frame 
dimensions were derived in Appendix 13.3 and then written into the Creo Parametric model 
using the “relations” system.  This system allowed for functions relating dimensions to be 
developed within Creo and would execute whenever the model was regenerated, allowing for 
the CAD model to be completely self-contained.   
Table 15: Literature optimised dimensions for the cylinder frame and stringer profiles. 
Optimised 
Dimension 
Value Driven By? 
Number of 
Frames 
28 Frame spacing ratio 
Frame Height 30 mm 
Selected by trial and error to maximise the propellant tank radius and maximise 
the amount of room in the nose cone for the payload 
Stringer Height 
~10 
mm 
Frame height 
Stringer Widths - 
Stringer thickness, backing thickness, stringer area ratio, stringer height and 
stringer angle 
Frame Width - Frame area ratio, frame height and frame thickness 
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Table 15 presents an overview of the results derived in Appendix 13.3.  Of the optimised 
variables presented in Table 15, the frame height was selected to be 30 mm so that sufficient 
clearance (approximately 1 to 2 mm) was available between the propellant tank and the 
aeroshell.  Even though five dimensions of the stiffening elements were constrained this still 
left too many for a feasible optimisation process to be undertaken in the second phase of this 
thesis.  As the literature did not provide any additional non-dimensional parameters to reduce 
the number of variables further, a new method was developed to optimise the stiffening 
structures for the aeroshell based on their effective stiffness contribution.   
The purpose of the stiffening elements was ultimately to increase the bending and axial stiffness 
of the structure whilst minimising the mass added to the aeroshell. Given that within the 
literature relationships between the stiffening element dimensions could be obtained to optimise 
the mass and stiffness, it was assumed this would be the case for the aeroshell geometry in this 
investigation.   
By developing relationships between the remaining free variables, the structure could be 
designed to produce the optimal stiffness for the minimum mass given a set number of 
dimensions. To quantify the effectiveness of the added stiffening elements a new optimisation 
metric was defined as the second moment of area (Ixx) divided by the volume of the 
components: 
𝐸𝑓𝑓𝑒𝑐𝑡𝑖𝑣𝑒 𝑆𝑡𝑖𝑓𝑓𝑛𝑒𝑠𝑠 𝑀𝑒𝑡𝑟𝑖𝑐 (𝐸𝑆𝑀) =
𝐼𝑥𝑥
𝑉𝑜𝑙𝑢𝑚𝑒
 
This parameter measured how well the stringers and frames increased the bending resistance of 
the structure for a given increase in volume.  Volume was selected instead of the mass, because 
this allowed the analysis to be modulus independent, assuming that the same material was used 
for all stiffening elements.   
By evaluating a variety of different options within the design space using this metric, and 
comparing the different variables’ relative contributions to the ESM, relationships between 
variables could be selected to achieve the most efficient structure.  The primary variable 
intended to be removed by this method was the number of stringers, leaving only the thickness 
dimensions as independent variables.    
To determine a relationship for the number of stringers as a function of the thickness variables 
a mesh grid of all free variables was generated within Python (See Appendix 13.4).  This mesh 
varied the stringer thickness, frame thickness, backing thickness, maximum frame height, and 
the number of stringers.   
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Table 16: Variable bounds and division size for the optimal number of stringers study. 
Variable Lower Bound Upper Bound Divisions 
Stringer Thickness (mm) 0.5 4.5 0.5 
Frame Thickness (mm) 0.5 4.5 0.5 
Backing Thickness (mm) 1.5 3.5 1.0 
Maximum Frame Height (mm) 10 40 10 
Number of Stringers 4 12 1 
 
Table 16 presents the variable bounds and divisions used when generating the mesh for the 
optimum number of stringers study.  This mesh was imported into Creo Parametric’s multi-
objective design study and the ESM of the stringer structural elements calculated for each 
design point.  Note that only the backing sheet, stringers and frames were included in the Ixx 
and volume calculations as these were the areas of interest.   
The ESM data from Creo Parametric was then post-processed using Python (See Appendix 
13.4) where for every stringer thickness the largest ESM ratio was selected, resulting in a set of 
data containing the optimal number of stringers needed to maximise the ESM ratio for a given 
set of other geometry variables.  The optimised data set was then fed into statistical software 
(Minitab 14) and the main effects and interactions plots were made with the number of stringers 
as the dependent variable and the thickness variables acting as the independent variables. 
 
Figure 33: Interactions plot for the optimised number of stringers data set. 
Figure 33 presents the interactions matrix for the optimised number of stringer data set.  If the 
lines on the subplots within this matrix were all relatively parallel, this meant that there were 
no interactions between the two variables when the optimal number of stringers was calculated.   
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It can be seen, for reasonable maximum frame heights (hmax greater than 10 mm) there was little 
interaction between hmax and the other variables in the optimum number of stringers 
relationship.  There were also no interactions between the backing thickness and the frame 
thickness or maximum frame height.  However, there was an interaction between the backing 
thickness and the stringer thickness, indicating cross-coupling between these variables.  Finally, 
the frame thickness was relatively independent of other variables so long as it was greater than 
0.5 mm. 
To determine the magnitude of the effect different variables had on the optimal number of 
stringers a main effects plot was produced and can be seen in Figure 34.  As the maximum 
height of the frames was already fixed, its effects on the optimal number of stringers was not 
considered. 
 
Figure 34: Main effects plot for the optimised number of stringer data set. 
From the main effects plot, it was found that the optimal number of stringers decreased as the 
frame thickness increased, suggesting that the frame thickness should be included in the optimal 
number of stringers relationship.  This effect was introduced from the volume of the frames 
increasing as frame thickness increased, resulting in the ESM decreasing causing the optimal 
number of stringers to decrease.   
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As the volume of the frames was not the key focus of the number of stringers study, the frame 
thickness was neglected from the optimum number of stringers model.  The other variables 
(backing thickness and stringer thickness) both appeared to have appreciable effects on the 
optimal number of stringers.  Given this result, a second study was undertaken with a refined 
mesh looking only at the effects of the thickness of the stringers and the backing sheet had on 
the optimal number of stringers.  The resultant optimised number of stringer data produced was 
fed into MATLAB’s curve fitting tool and a 3D plot generated to visualise the data. 
 
Figure 35: Optimal number of stringers versus frame thickness and stringer thickness for the cylinder stringers. 
Figure 35 shows the 3D plot of the optimal number of stringers versus the stringer thickness 
(ts) and the backing thickness (tb).  Once the stringer number exceeded approximately 25, the 
stringer geometry would fail due to errors associated with the stringer profile sketch no longer 
being closed and as such the number of stringers was capped at 25.  For thin backing sheets and 
relatively thick stringers, the optimal number of stringers rapidly dropped off due to the 
stringers dominating the stiffness calculations.  To represent the drop off in the optimal number 
of stringers a quadratic surface of best fit was added to the data set (see Appendix 13.5 for 
details) with an R-squared value of 0.9893 (when outliers were removed).  This approximate 
model for the optimal number of stringers was then re-created within the CAD model with an 
if statement that capped the number of stringers to 25.  By implementing this relationship, the 
cylinder’s stiffening elements were completely defined by only four key parameters, the 
stringer thickness, the frame thickness, the number of frames and the thickness of the backing 
sheet. 
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During the development of the cylinder’s CAD model, some changes to the stiffening structures 
were required to facilitate the installation of the lower attachment ring which transferred the 
load to the base of the internal structure.  This load take-up point was located approximately 
990 mm from the base of the cylinder (500 mm offset for the rocket motor plus 490 mm for the 
radius hemispherical fuel tank – see Internal Structure section for details) and required the 
frames and the stringers to be terminated and then restarted after the attachment component.   
This reduced the effective length of the stringers and the area in which the frames were needed 
to brace against buckling, resulting in the previous analysis yielding a conservative result for 
the optimisation process.  This was desirable, given that the optimisation methods implemented 
thus far were based purely on results from the literature and involved no consideration for the 
actual loads applied. 
Other ancillary design details that were implemented within the development of the stringer 
and frame stiffeners of the cylinder section of the aeroshell included a 1 mm clearance between 
the frames and the stringers.  This meant that these parts did not contact each other simplifying 
the FEA analysis.  The stringers were also spaced at even angular intervals (theta) but originally 
offset from the edge of the clamshell by an angle of half theta to facilitate easy mating of the 
two aeroshell halves.  The connection points between the two sections of the cylinder clamshell 
was out of the scope. 
 
Figure 36: Parametric cylinder showing the stringers, frames, ablative and backing material defined within this 
section of the investigation. 
Figure 36 shows the completed cylinder section of the aeroshell.  The stringers run 
longitudinally along the length of the structure and the frames circumferentially.  The gap 
between the stringers indicated the location of the lower attachment point.  The key fixed 
parameters for the cylinder can be found in Table 17. 
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Table 17: Cylinder fixed parameters. 
Parameter Value 
Frame Area Ratio (R) 0.12 
Stringer Area Ratio (S) 0.44 
Maximum Frame Height 30 mm 
Height Ratio 3 
Maximum Number of Stringers 25 
Number of Frames 28 
 
3.3.2 Nose Cone 
The nose cone was a conical structure subjected to compressive, shear and bending loads as a 
result of the pressure from the flow field acting upon to create lift and drag.  The nose cone was 
originally 3000 mm long, with a 50 mm radius tungsten tip, a half cone angle of 10 degrees and 
an RCC wall thickness of 10 mm based on work by Preller and Smart (2015).  The round radius 
applied to the nose cone tip meant that the actual nose cone length was truncated from 3000 
mm to 2762.06 mm.  As the RCC shell was relatively brittle and weak in tension (see Appendix 
13.6), this meant that stiffening structures were required to reduce the load on the shell and to 
minimise the overall deflection of the nose cone.  Based on the literature, stringer and frame 
stiffeners were selected for the nose cone.  Like the cylinder, to maximise the payload mass the 
nose cone structural mass had to be minimised whilst maximising its stiffness (to prevent 
excessive deflection and stress).  This resulted in the previously defined ESM ratio being used 
to evaluate the performance of the nose cone stiffening elements.   
Unlike the cylinder though, which was primarily loaded in compression, the nose cone was 
dominated by bending.  As there was no available literature on how to optimise the conical 
stiffened shell structure for bending loading, the cylindrical compression based theory was 
modified to compensate for the nose cone’s conical shape and bending dominated loading.  To 
account for the fact the nose cone was conical, the work by Spagnoli and Chryssanthopoulos 
(1999) regarding the conversion of a conical shell buckling under compressive loading to an 
equivalent cylinder was utilised.  The results from Spagnoli and Chryssanthopoulos’ work was 
not completely applicable to the nose cone structure as they focused on unstiffened conical 
shells, whereas the third stage implemented stiffening elements.  Theoretically though, if the 
stiffeners within the conical shell were distributed evenly around the structure the resulting 
assembly should act as an equivalent thickness unstiffened shell, meaning Spagnoli and 
Chryssanthopoulos’ work may have been valid (North American Aviation, 1968).   
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The validity of this assumption was not known and represented an unavoidable limitation of 
this thesis. 
Given that the nose cone could be represented equivalent cylinder of length, 2758 mm, 
thickness, 10 mm, and radius, 293.956 mm, this allowed for the same stringer and frame 
optimisation process outlined within the cylinder development section to be implemented (See 
Appendix 13.7).  There were some key differences between the cylinder approach and the nose 
cone approach: 
1. The backing thickness was fixed at 10 mm, as it was assumed the stiffening elements 
would attach directly to the RCC shell. 
2. To maximise the payload volume in the nose cone the maximum frame height was 
selected to be 30 mm (to match the cylinder results). 
3. As the cone tapered this reduced the available space for the stringers, and to prevent 
them from impinging upon one another the stringers were capped to a useable length of 
2400 mm from the top of the bottom flange of the nose cone (determined via trial and 
error). 
4. The stringers were also tapered in width, height and thickness as they moved towards 
the nose cone tip by scaling the stringer profile at the base of the nose cone by the change 
in radius (see Appendix 13.8 for details). 
Whilst the tapering of the stringer geometry was not completely realistic, it was the simplest 
and most effective way to ensure the stringers did not impinge upon one another at the top of 
the nose cone.  In reality, this would be achieved by a series of decreasing size constant 
dimension stringer extrusions, which approximate the continuous variation used in this thesis.  
The tapered profile though did provide material where it was needed most in the nose cone 
structure, saving structural mass. 
Like the cylinder, the parametric relationships that defined the nose cone dimensions also 
needed to be optimised further to reduce the total number of variables.  In addition, the 
compression based optimisation literature needed to be adjusted to better suit the loading 
experienced by the nose cone of the SPARTAN third stage.   
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To improve the suitability of the optimisation of the nose cone stiffening structures it was first 
noted that the primary parameters that could be adjusted to change the overall optimised 
geometry of the stringers and frames were: 
1. The stringer and frame area ratios (nominally 0.44 and 0.12 respectively). 
2. The stringer to frame height ratio (nominally H = 3.0). 
3. The maximum frame height (nominally 30 mm from the cylinder analysis). 
Given that the maximum frame height was selected to match that of the cylinders this parameter 
was not varied, leaving only the stringer to frame height ratio (H) and the stringer to frame area 
ratios to be adjusted.  When left to the default height ratio and stringer and frame area ratios the 
nose cone stringers resulted in less than optimal geometries that were designed for axial loading. 
 
Figure 37: Bottom view of the nose cone stringers within the nose cone shell highlighting the relatively large 
stringers compared to the intra-stringer spacing. 
Figure 37 highlights how, when using the original cylinder optimal parameters, the nose cone 
stringer profiles were very wide relative to the interframe spacing.  According to North 
American Aviation (1968), for a stringer stiffened structure to be effective, the stringers must 
be sufficiently close so that the entire structure acts as one monocoque sheet, but sufficiently 
small so that each stringer can act as an individual beam like element.  In this investigation, 
when the width between the legs of the Hat stringers became wider than the spacing between 
the stringers, the stringers were no longer considered to be functioning as individual discrete 
elements.  This transition point for the nose cone stringers formed the basis of a new parameter 
called the stringer aspect spacing ratio (SR): 
𝑆𝑅 =
𝜃𝑠𝑝𝑎𝑐𝑖𝑛𝑔
𝜃𝑠𝑡𝑟𝑖𝑛𝑔𝑒𝑟
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Where 𝜃𝑠𝑝𝑎𝑐𝑖𝑛𝑔 was the inter-stringer spacing (i.e. the angle between the legs of two different 
Hat stringers), and 𝜃𝑠𝑡𝑟𝑖𝑛𝑔𝑒𝑟 was the intra-stringer spacing (i.e. the angle between the legs of 
one stringer).  A stringer aspect spacing ratio (SR) greater than one meant the stringers were 
reasonably spaced out and a value less than one meant the stringers were not the ideal geometry. 
As the structure was to be in bending, this meant that the second moment of area of the stringers 
was also an important metric for measuring the efficiency of the structure.  Like the cylinder, 
the ESM ratio was used to evaluate the structural efficiency of the stringers.  To determine how 
the stiffness to volume ratio (ESM) and the spacing ratio (SR) for the nose cone stringers varied 
with the frame height ratio and the stringer area ratio, a sensitivity study was undertaken within 
Creo Parametric. 
As making this study completely generalised would be too computationally expensive, the 
stiffness to volume study was undertaken for the fixed parameters found in Table 18, which 
were selected based on analysing the cylinder stringer optimisation relationships.  Only the 
stringers were considered for the calculation of Ixx and volume, and standard aluminium was 
selected for both the frames and the stringers, resulting in moduli of 70 GPa each.  This 
assumption did not affect the cylinder, due to both the backing sheet and the stringers being 
made of the same material, but did have small effects on the nose cone where the backing sheet 
was not the same material as the stringers and frames.   
Table 18: Constant parameters for the stringer area ratio and height ratio study. 
Constant Parameter Value 
Number of Stringers 15 
Stringer Thickness (bottom) 3.0 mm 
Frame Thickness 2.0 mm 
Number of Frames 30 
Frame Modulus (Aluminium) 70 GPa 
Stringer Modulus (Aluminium) 70 GPa 
Shell Modulus (RCC) 71 GPa 
 
Table 18 presents the parameters which were held constant in the stringer area ratio (S ratio) 
and height ratio studies on the stiffness to volume ratio of the nose cone stringers.  
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Figure 38: Stiffness to volume ratio sensitivity as a function of stringer area ratio. 
Figure 38 shows how the stiffness to volume ratio (ESM ratio) varied as a function of the 
stringer area ratio.  As the S ratio increased, the efficiency of the stringers at supporting bending 
loads decreased in what appeared to be a polynomial manner.   
 
Figure 39: Ixx variation with respect to the stringer area ratio. 
Figure 39 then shows a linear variation in the second moment of area of the stringers as the 
stringer area ratio increased.  Whilst the efficiency of the stringer at supporting bending loads 
for a given mass decreased, the overall load that the stringer could take increased with 
increasing stringer area ratio.  Note that the second moment of area increased by an order of 
magnitude as the stringer area ratio was varied from 0.15 to 0.8. 
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Figure 40: Stiffness to volume ratio of the stringer versus the stringer height ratio. 
Figure 40 shows a non-linear increase in the ESM ratio of the stringer as the frame height ratio 
increased.  The frame height ratio increasing corresponds to the stringers becoming shorter 
relative to the frames resulting in the centroid of the stringers moving further away from the 
centreline of the nose cone.   
 
Figure 41: Ixx variation with respect to the frame height ratio. 
Figure 41 shows the variation of the second moment of area of the stringer as the height ratio 
was increased.  As expected the Ixx of the stringers increased as the height ratio increased as a 
result of the stringer’s centroid moving further away from the axis of the cylinder, increasing 
the stringers effectiveness.  The height ratio had a significantly smaller effect on the second 
moment of area of the stringers than the stringer area ratio had on the structures stiffness.   
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Due to the relatively small changes in Ixx that were capable by varying the height ratio, and the 
fact that increasing the height ratio above three would result in stringers that were very small 
relative to the nose cone backing (less than 10 mm in height), the height ratio was left at the 
nominal value of three.  This meant a relationship between the stringer area ratio and the stringer 
spacing ratio was required to optimise the nose cone stringers to support maximum load for 
minimum mass whilst still retaining a reasonable geometry. 
As previously mentioned a stringer spacing aspect ratio (SR) of one was the transition point 
between the stringers functioning correctly and the stringers becoming too wide.  Given that 
the height ratio and the maximum height of the frames were already fixed this meant that only 
the stringer area ratio could be varied.  Thus, a new study was developed to find the required 
stringer area ratio needed to ensure the stringer spacing aspect ratio was at least one for all 
stringer thicknesses and number of stringers.  The frame variables were not considered for this 
relationship based on the work found with the cylinder. 
Sensitivity studies were undertaken at constant stringer thicknesses for varying stringer area 
ratios and stringer numbers and the stringer spacing aspect ratio (SR) plotted using MATLAB’s 
curve fitting tool.  An example of the 3D surface approximation of this data can be found in 
Figure 42 for a stringer thickness of 2 mm. 
 
Figure 42: Curve fit for stringer spacing ratio versus number of stringers and stringer area ratio for a stringer 
thickness of 2 mm. 
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Figure 42 presents the MATLAB curve fit of the stringer spacing ratio (SR) versus the stringer 
number (N str) and the stringer area ratio (S ratio) for a stringer thickness of 2 mm.  For this 
curve fit the data points below the primary peak (stringer area ratios of less than approximately 
0.1) were removed in generating the curve as this region generated unrealistic geometries.  As 
the stringer area ratio decreased the spacing ratio increased, however, there was only a weak 
dependence of the stringer spacing ratio on the number of stringers for a constant stringer 
thickness.  The maximum number of stringers that could be supported before the geometry 
failed decreased as the stringer area ratio increased.  Based on this 3D curve a slice was then 
made at a stringer spacing ratio of one.  
 
Figure 43: Slice at a spacing ratio of one for the stringer spacing ratio versus number of stringers and stringer 
area ratio curve fit at a stringer thickness of 2 mm. 
Figure 43 shows the 2D profile made by slicing through the 3D curve presented in Figure 42 at 
a stringer spacing ratio of one. As the number of stringers increased the required stringer area 
ratio (S ratio) needed to achieve a spacing ratio of one decreased.  As to maximise the stiffness 
of the stringers the stringer area ratio should be maximised, the largest value of the stringer area 
ratio was selected that would provide a spacing ratio greater than one for all number of stringers.  
This point was found to be a stringer area ratio of approximately 0.194 for the stringer thickness 
of 2 mm (highlighted in red on Figure 43).   
Whilst a complex relationship involving the number of stringers could have been developed to 
match the intercept curve that occurred where the 3D approximation surface met with the 
spacing ratio of one plane, this level of complexity was not needed due to the already inherent 
uncertainty in the previously derived relationships.  The process outlined above was then 
repeated for several stringer thicknesses and the results presented in Table 19. 
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Table 19: Optimal stringer area ratio for varying thickness. 
Stringer 
Thickness 
Stringer Area Ratio (S) to achieve 
SR = 1 
Maximum Number of Stringers Possible with 
the Model 
1.5 0.15 25 
2 0.194 30 
3 0.28 28 
4 0.375 25 
4.5 0.42 25 
 
The maximum number of stringers supported by all models was 25, which was reasonable as 
this was close to the limit found for the cylinder case.  It was also found during this study that 
the minimum limit on the stringer thickness for the nose cone was 1.5 mm – below this 
thickness, the geometry failed to regenerate. 
 
Figure 44: Stringer area ratio versus stringer thickness needed to achieve SR greater than one. 
Figure 44 graphically presents the data from Table 19 to highlight the linear relationship 
between the stringer thickness and the stringer area ratio for the stringer spacing ratio to be 
greater than one: 
𝑆 =  0.0902 ∗ 𝑡𝑆𝑇𝑅 + 0.0133 
Where S was the stringer area ratio and tSTR the stringer thickness.  This relationship was 
implemented within the Creo model to ensure the nose cone stringers would remain a 
reasonable geometry at all stringer thicknesses. 
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The final phase in optimising the nose cone stringers was to determine a relationship between 
the number of stringers and the stringer thickness to reduce the number of variables to be 
optimised (note no backing thickness included in this relationship as it was fixed for the nose 
cone).  To find this relationship another sensitivity study was undertaken within Creo where 
both the stringer thickness and the number of stringers were varied from 1.5 to 5 mm and 4 to 
28 respectively (bounds selected to avoid the CAD geometry failing).  The same process 
outlined to determine the number of stringers relationship for the cylinder was implemented 
and the results presented in Figure 45. 
 
Figure 45: Optimal number of nose cone stringers versus stringer thickness. 
Figure 45 presents the optimal number of nose cone stringers needed to maximise the stringer 
bending stiffness to volume ratio for a given stringer thickness.  For stringer thicknesses less 
than 3 mm the optimal number of stringers tended towards the maximum tested, which was 
similar to what was found with the cylinder stringers.  As the stringer thickness increased the 
optimal number of stringers decreased due to the effects from the stringer area ratio relationship 
previously implemented.  Given it was unlikely that the stringers would be thicker than 4.5 mm 
and the maximum number of stringers set by the stringer area ratio relationship was found to 
be 25, the optimal number of stringers was approximated as constant for the operating range 
from 1.5 mm to 4.5 mm.  
The final parameter which was fixed to reduce the number of optimisation variables was the 
number of frames.  Like for the cylinder, the work by Shideler et al. (1972) was used to fix this 
value to be 0.3, again resulting in the number of frames for the nose cone to be approximately 
28 (See Appendix 13.9).  The parameters found in Table 20 were utilised within the final 
version of the nose cone stiffener geometry. 
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Table 20: Nose cone fixed parameters. 
Parameter Value 
Frame Area Ratio (R) 0.12 
Stringer Spacing Ratio (SR) ~1 
Maximum Frame Height 30 mm 
Height Ratio 3 
Maximum Number of Stringers 25 
Number of Frames 28 
 
The resulting nose cone stiffening structures can be seen in Figure 46.  At the top of the stiffened 
geometry, there was one fully solid frame which marked the termination of the usable frame 
area.   
 
Figure 46: Example nose cone stiffening structures. 
 
 
3.3.3 Attachment Points 
For the loads resisted by the aeroshell to be safely reacted back to the rocket motor at the base 
of the launch vehicle, attachment connections were required.  For this vehicle two load take up 
points were proposed to reduce the bending loading on the aeroshell (See Cylinder section).  As 
the upper load reaction point needed to support only the lateral load acting on the nose cone 
(the nose cone lift force), this meant it needed no appreciable longitudinal stiffness.   
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This structure was ideally located as close as possible to the connection point between the 
hemispherical LOX tank cap and the primary cylinder making up the LOX tank due to: 
1. Attaching to the cylindrical section of the rocket was simpler than attaching to a 
hemispherical surface and allowed for the part to freely move along the longitudinal 
axis of the rocket. 
2. At the hemisphere to cylinder connection point for the propellant tanks an additional 
stiffening ring was added increasing the strength of this area, reducing the stress on the 
vehicle. 
Given the upper ring needed to only support lateral loads, and have a sufficient area on both the 
aeroshell and internal structure connection points to transfer the lift load, an I beam structure 
was selected.  This structure was formed into a two-piece ring with each half connected to the 
respective aeroshell (so that they would be jettisoned with the aeroshell reducing the mass to 
orbit) and cut-outs made around the ring to allow for the stringers to pass through.   
For the current internal tank geometry, the LOX tank hemisphere to cylinder mating point was 
approximately 300 mm below the top of the aeroshell cylinder.  However, the upper ring could 
not always be placed at this exact location due to the spacing of the frames (See Appendix 13.10 
for details).  The other dimensions defining the upper ring can be then found in Figure 47. 
 
Figure 47: Upper attachment ring profile and dimensions. 
Figure 47 presents a dimensioned diagram of the I beam profile used for the upper attachment 
ring.  A uniform thickness (t) has been assumed to simplify the analysis and the I beam height 
was governed by the distance from the internal propellant tank to the inner surface of the 
cylinder backing sheet.  The thickness and width were set to 5 mm and 30 mm respectively to 
ensure the stress levels were not too large and so that the I beam could comfortably fit between 
the frames.  Figure 48 shows one half of the upper attachment ring with the stringer profiles 
removed.  In reality, the sliding contact the inner surface of the ring makes with the propellant 
tank would exhibit some friction causing some of the axial load on the rocket to be taken up at 
this point; this was neglected in this investigation. 
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Figure 48: Solid model of the upper attachment ring. 
As the upper attachment point only supported the nose cone lift loads, the lift and drag forces 
acting on the cylinder needed to be reacted via the lower attachment point.  The primary load 
reacted at the lower attachment ring was compression, however, this point needed to be able to 
also support tensile loads.  The lower attachment ring also had to help keep the two halves of 
the aeroshell together by employing a Marmon clampband style structure.   
The geometry selected for this structure was based on the diagram presented by Fortescue et al. 
(2011) (See Figure 13).  Whilst the structure presented by Fortescue et al. was designed for a 
spacecraft to launch vehicle adaptor connection it was assumed that it would be able to serve 
the required purpose for the lower ring attachment point when suitably adjusted.  For detailed 
design decisions see Appendix 13.11. 
 
Figure 49 shows the male and female halves of the lower attachment ring.  On the left side of 
Figure 49 was the male (aeroshell side) lower attachment ring and on the right side was the 
female (propellant tank side) lower attachment ring.  Locating the lower attachment ring on the 
internal structure followed the same principals applied for the upper ring.   
Figure 49:Solid model of the lower attachment ring components.  Male (aeroshell) connection on the left 
and female (internal structure) connection on the right. 
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This led to the base of the adaptor being aligned (See Point A in Figure 88) being aligned with 
the hemisphere to cylinder connection point for the fuel tank (see point B on Figure 50). 
 
Figure 50: Propellant tanks with fuel tank hemisphere to cylinder connection point marked as B. 
3.3.4 Flanges 
The final section that was detailed within the aeroshell was the connection flanges which were 
used to attach the nose cone to the cylinder and to terminate the end of the cylinder. 
 
Figure 51: Aeroshell flange locations marked in red.  The “X2” indicated two flanges were present at this 
location. 
Figure 51 shows the location of the flanges within the aeroshell.  At the connection point 
between the nose cone and the cylinder two flanges were used and at the base of the cylinder a 
single flange was employed.  All three flanges were based on an L shaped style geometry to 
either close off the cylinder structure or to facilitate a bolted connection of the nose cone with 
the cylinder.  The L flange used in the nose cone was not a perfect 90-degree L geometry 
because the flange had to mate with the 10-degree half cone angle of the RCC shell.  The height 
of the upper flanges was governed by the propellant tank diameter and the payload adaptors 
location within the vehicle. 
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Figure 52: Close up view of the upper flanges relative to the payload adaptor and propellant tanks. 
Figure 52 shows that if the bracket was too large, it interfered with the payload adaptor or 
propellant tanks.  The majority of the dimensions for the flanges were arbitrarily selected and 
as such additional details regarding their selection and justification can be found in Appendix 
13.12.  
 
3.4 Internal Structure 
The internal structure consisted of the payload adaptor, propellant tanks and the thrust take-up 
structure.  It was responsible for supporting the payload and propellant for the launch vehicle 
as well as reacting the aeroshell aerodynamic loads down to the rocket motor at the base of the 
vehicle. 
The primary requirements and constraints for this structure were specified by Mr Sholto Forbes-
Spyratos to be: 
 Cylindrical propellant tanks with hemispherical end caps, 
 Propellant tanks to end 500 mm from the base of the aeroshell to facilitate the rocket 
engine attachment, 
 Rocket motor being employed was Space X’s Kestrel engine, 
 Payload to be supported by the structure was approximately 140 kg in mass and had an 
outer radius specified as three-quarters of the outer mould line radius of the third stage 
vehicle (approximately 397 mm) (Preller & Smart, 2015), 
 Total propellant mass of 2697.25 kg with an oxidiser to fuel ratio of 2.56:1, and, 
 Fuel to be used was RP-1 and oxidiser was LOX. 
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The internal structure needed to satisfy these requirements whilst still fitting within the 
aeroshell and maximising the volume available for the payload.  In addition to the primary 
requirements for the internal structure the following assumptions were made to further define 
the problem: 
 Maximum radius of the internal structure was set to be 490 mm to ensure there would 
be a small clearance gap between the internal tanks and the aeroshell whilst minimising 
the length of the internal structure, 
 The density of the LOX oxidiser used was nominally 1141 kg/m3 (Air Products and 
Chemicals Inc, 2017),  
 The density of the RP-1 fuel used was nominally 810 kg/m3 (Bruno, 2008), and, 
 Both the LOX and the RP-1 tanks had an additional ullage volume of 4.25% of the 
original tank volume added due to the pressure fed nature of the Kestrel rocket motor 
being employed (Olds, 1993). 
Based on the requirements and assumptions for the vehicle the propellant tank volumes were: 
𝑉𝐿𝑂𝑋 = 1.77252 𝑚
3 
𝑉𝑅𝑃1 = 0.97533 𝑚
3 
The tank volumes were then used to define the geometry of the components in the subsequent 
sections (See Appendix 13.13 for propellant volume calculations). 
3.4.1 Payload Adaptor 
The payload adaptor’s role was to support the payload during flight, transmit any loads induced 
by it back to the vehicle and act as a power and signal connection point for the payload.  In this 
investigation, only the structural aspects of the payload adaptor were considered.  Given the 
large diameter of the payload proposed by Preller and Smart (2015) the truss based payload 
adaptor implemented by United Launch Alliance’s Delta IV was selected as the basis for this 
structure (See far right image in Figure 14).This was done as this structure provided the stiffest 
connection for the minimum mass which was beneficial as the primary loads expected to be 
experienced by the payload adaptor were (United Launch Alliance, 2013): 
a) Compressive – due to the longitudinal acceleration acting on the launch vehicle pressing 
the payload against the adaptor, and, 
b) Vibrational – due to turbulence and vibrations from the rocket motor exciting the 
payload. 
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As such, the stiffer the payload adaptor, the less vibration the payload would be subjected too, 
and the larger the critical buckling load.   
 
Figure 53: Detailed view of ULA's truss based payload adaptor (United Launch Alliance, 2013). 
Figure 53 shows a detailed view of the truss based payload adaptor used by ULA’s Delta IV 
vehicle. This structure was made of three key parts, an upper payload mounting ring, the trusses 
and the lower propellant tank attachment ring.  Given that this structure was already 
successfully implemented within commercial launch vehicles it was assumed that it could be 
effectively scaled down to meet the SPARTAN third stages diameter.   
For the upper ring of the third stage vehicle payload adaptor, a simple rectangular box section 
ring was implemented with an outer radius equal to the payload radius.  This box section was 
specified by its thickness, outer radius, width and standoff distance (the distance above the top 
of the propellant tank it was located).  To minimise the length the structure penetrated into the 
nose cone, maximising payload volume, the standoff distance was selected to be 0 mm in this 
investigation but for future work it could be increased to facilitate the installation of avionics 
or additional monopropellant tanks below the payload (for detailed descriptions of the 
dimensions see Appendix 13.14) 
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Based on ULA’s design 18 pairs of struts were equally spaced around the upper and lower rings 
of the payload adaptor in a triangular fashion.  By arranging these struts with a cross-hatched 
design, it meant that the torsional stiffness of the payload adaptor could be increased.  As the 
primary loading for the struts was expected to be compression, the radius and thickness of the 
strut were critical for ensuring it would not buckle under the applied loading.  A detailed 
description of the actual values selected for the strut dimensions can be found in Appendix 
13.14 
The final component that made up the payload adaptor was the lower attachment ring.  This 
ring facilitated the connection from the payload adaptor to the upper hemisphere of the LOX 
propellant tank.  The exact geometry used by ULA for this structure was difficult to observe 
within the technical drawings available but it was evident that this structure consisted of three 
main parts.  Firstly, there was a top flange to attach the struts to, then a thinner web (most likely 
to reduce mass) and then finally a second flange at the base of the ring structure.  Based on this 
analysis an exaggerated partial I beam structure was chosen for the profile of the lower payload 
adaptor ring.  This structure would reduce the mass of the overall ring by removing material 
from the centre of the profile but still allow for a large enough space to mount the struts on at 
the top of the profile. 
 
Figure 54: Cross section of the lower ring of the payload adaptor. 
Figure 54 presents a cross-section of the lower ring of the payload adaptor.  In order to minimise 
the amount of space taken up by the upper ring it was designed so that it would never extend 
past the outer radius of the propellant tank.  The struts were also aligned to act directly through 
the centre line of the top surface of the ring to maximise the available surface area for 
attachment.  Like the struts, the lower attachment ring dimensions were currently arbitrarily 
selected, and the details behind the geometry can be found in Appendix 13.14.  Based on the 
arbitrary dimensions and the selected geometries for each component the final assembled 
payload adaptor can be seen in Figure 55. 
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Figure 55: Completed parametric payload adaptor assembly. 
3.4.2 Thrust Structure 
To connect the Kestrel rocket motor to the propellant tanks a thrust take-up structure was 
required for the third stage vehicle.  In this investigation, the length of this structure needed to 
be minimised so that as much as possible of the Kestrel engine could be placed within the 
cylinder section of the aeroshell to avoid it being damaged due to aerodynamic loading.  As the 
rocket engine was required to supply all of the thrust for the vehicle, the thrust structure was 
subjected to primarily compressive loading indicating the failure mode for this structure may 
be buckling.  Based on the literature there were two main options for this component’s design, 
either a direct attachment method or a truss based structure.  Due to the rocket motor being 
employed for this vehicle being from Space X’s Falcon 1 launch vehicle, the thrust structure 
was also adapted from this to stay consistent with the rocket motors original company of origin. 
 
Figure 56: Falcon 1 lower thrust structure (Space X, 2008a). 
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Figure 56 shows an enlarged view of the Falcon 1 lower thrust structure.  Based on this technical 
drawing it was found that four struts were used to connect the engine to the outer skin of the 
Falcon 1, with each orientated at a 45-degree angle.  This structure was replicated for the third 
stage vehicle thrust structure.  The key difference though, between the Falcon 1 vehicle and the 
SPARTAN third stage vehicle was that the SPARTAN third stage reacted the thrust loads to 
the bottom of the fuel tank whereas the Falcon 1 reacted the thrust loads to the outer skin first.   
It was also determined from the same scale drawing that the top of the Kestrel engine attachment 
point was approximately 165 mm in diameter.  As such, the thrust structure was made up of 
three main parts: 
1. The lower mounting plate (connected the Kestrel engine to the struts). 
2. The struts. 
3. The upper attachment ring (connected the struts to the fuel tank). 
The lower mounting plate was developed as a solid cylindrical disk with a 165 mm diameter 
and an arbitrary thickness of 20 mm.  This plate acted as a location for the rocket engine to be 
bolted to and for the thrust take up struts to be welded to. 
The upper attachment ring was designed in a similar manner to the payload attachment lower 
ring as this structure was supporting similar compressive loads and served a similar purpose.  
Like the payload attachment lower ring, a half I beam structure again lent itself well to the loads 
and geometry involved for this sub-component for the same reasons as outlined in the payload 
adaptor section.  As the dimensions of this structure was relatively arbitrary, the details and 
justification behind the dimensions has been presented in Appendix 13.15.  
Whilst the geometry of the thrust structure upper attachment ring was quite similar to the 
payload adaptor lower ring, what differentiated the two parts was how the thrust struts were 
attached to the upper attachment ring.  To allow for the rocket motor to be brought closer to the 
propellant tank base, strut standoffs were introduced to raise the attachment point of the struts 
to the upper ring.  Bringing the rocket motor closer to the propellant tanks was desirable for 
three reasons: 
1. It reduced the area of the rocket motor exposed to the high-velocity flow, reducing 
aerodynamic and thermal loading on this component. 
2. It moved the centre of gravity forward, increasing the stability of the vehicle. 
3. It reduced the length of piping needed to transfer the cryogenic fluid from the propellant 
tanks to the combustion chamber, reducing thermal and frictional losses. 
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As it can be seen in Figure 57, a small wedge-shaped standoff was added at each strut 
connection point.  These wedges were angled such that the struts connected perfectly normal 
to their front surface allowing for the distance between the motor and the bottom of the 
propellant tank to be decreased.   
 
 
Figure 57: Thrust take-up structure upper ring with strut standoffs. 
The final component in the thrust structure was the struts, which were defined by an outer radius 
and a thickness.  Both of these values were arbitrarily selected to be 30 mm and 5 mm 
respectively and will need to be tuned in future work to avoid buckling and static failure of the 
thrust structure.  Figure 58 presents the complete thrust structure for the third stage vehicle. 
 
Figure 58: Complete solid model of the thrust take-up structure.  
95 
3.4.3 Propellant Tanks 
The final sub-assembly of the internal structure was the propellant tanks.  The propellant tanks 
primary purpose was to contain the fuel and oxidiser for the rocket.  Due to the nature of how 
the third stage vehicle was configured, the propellant tanks also had to support the loads 
generated by the payload adaptor and the payload as well as the lift loads from the aeroshell. 
Based on the review of the literature a non-integral, common bulkhead design was selected.  By 
using a non-integral structure, the propellant tank walls were not part of the primary 
aerodynamic load reaction structure which made the vehicle safer.  As the aeroshell was to be 
jettisoned relatively early on within the third stage vehicles trajectory this meant that the 
structural mass needed to support the aerodynamic loading could be jettisoned rather than being 
taken to orbit (as were the case if an integral propellant tank was taken).  A common bulkhead 
design was also selected to reduce to total length of the propellant tanks (increasing the 
available volume in the nose cone for payload), and to decrease the mass of the total system.  
Finally, hemispherical end caps with cylindrical propellant tanks were specified by Preller and 
Smart (2015) for this investigation. 
From these specifications and the aeroshell applied loads a free body diagram was generated 
for the propellant tank structure. 
 
Figure 59: Free body diagram of the propellant tanks. 
Figure 59 presents a free body diagram (FBD) of the propellant tanks.  In this free body diagram 
the loads Ay, Bx and By all came from the aeroshell attachment points.  The load P was the 
payload mass being accelerated by the rocket, Tx and Ty were the engine reaction forces and 
mg+a was the net acceleration vector acting on the rocket.  Based on the work by Dunn (2016) 
regarding the internal tank pressure of the Ariane V rocket, an internal pressure for both the 
fuel and oxidiser tanks was selected to be 23 bar. 
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Due to the lift force being transferred to the rocket from the aeroshell connection points this 
causes the centre of gravity of the vehicle to accelerate upwards, placing the internal propellant 
tanks in effectively three-point bending.  The payload mass also induced compressive forces on 
the propellant tanks which would cause it to buckle.  To stiffen the propellant tanks, isogrid 
stiffening structures were selected over other stiffening methods due to two reasons: 
1. Local buckling being undesirable for the propellant tanks, meaning that isogrid designs 
should prove to be lighter structures according to Ruess et al. (2016). 
2. They reduce the chance of a pressure vessel leaking (e.g. stringers and frames require 
rivets which increase the chance of leaking whereas isogrid structures are integral) 
(McDonnell-Douglas, 1973). 
Tee shaped frames were also selected to be placed at the connection points between the 
hemispherical end caps and the cylindrical body of the propellant tanks to increase the stiffness 
at this location and to allow for external connections to be mounted easier at these locations. 
Given that the volume of propellant needed was specified, and the outer radius of the structure 
was constrained to be 490 mm, the length of the fuel and oxidiser tanks were calculated based 
on the geometries found in Figure 60 and Figure 61.  In calculating the total length of the 
propellant tanks the wall thickness was assumed to be significantly less than the tank radius and 
to simplify the analysis the thickness of each propellant tank was assumed to be homogenous. 
 
Figure 60: Oxidiser tank geometry and dimensions. 
Figure 60 shows the nomenclature used to define the length of the oxidiser tank.  Assuming 
that the wall thickness (twall) included the effective volumetric thickness of the isogrid structure 
this allowed for the tank length to be calculated via geometry to be: 
𝐿𝐿𝑂𝑋 =
𝑉𝐿𝑂𝑋 −
4
3 𝜋
(𝑟𝑜 − 𝑡𝑤𝑎𝑙𝑙)
3
𝜋(𝑟𝑜 − 𝑡𝑤𝑎𝑙𝑙)2
+ 2 ∗ 𝑟𝑜 
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Figure 61: Fuel tank geometry and dimensions. 
Figure 61 shows the nomenclature used to define the length of the fuel tank.  Making the same 
assumptions as for the oxidiser tank and neglecting the small amount of fuel lost in the area 
truncated by the hemispherical cut out at the top of the tank the fuel tank length was: 
𝐿𝑅𝑃1 =
𝑉𝑅𝑃1 +
2
3 𝜋
(𝑟𝑜
3 − 𝑟𝑖𝑛
3 )
𝜋𝑟𝑖𝑛
2 + 𝑟𝑜 
𝑊ℎ𝑒𝑟𝑒 𝑟𝑖𝑛 = 𝑟𝑜 − 𝑡𝑤𝑎𝑙𝑙 
Based on the optimisation of isogrid structures literature, it was also assumed that no flanges 
would be implemented in the isogrid structure to simplify the number of variables.  To reduce 
the computational effort needed to detail each individual triangular cell within the isogrid, a 
smeared sandwich panel design method was also utilised.  Finally, based on the work by 
McDonnell-Douglas (1973), the non-dimensional optimisation parameters (alpha and beta) 
were assumed to be one third and 16 respectively.  As the structure had no top flange, this meant 
that the non-dimensional parameters 𝜇 and 𝜆 were both zero, leading to the following simplified 
expression for 𝛽 (McDonnell-Douglas, 1973): 
𝛽 =  3𝛼(1 + 𝛿)2 + (1 + 𝛼)(1 + 𝛼𝛿2) 
Given that alpha and beta were both specified by the literature this meant that an explicit 
expression for delta was required to find a relationship to define the reduced stiffness parameter 
used in the smeared sandwich panel method: 
𝛿 =
−6𝛼 + √(6𝛼)2 − 4𝛼(4 + 𝛼)(1 + 4𝛼 − 𝛽2)
2𝛼(4 + 𝛼)
 
Delta could also be expressed as 𝛿 =
𝑑
𝑡
. 
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Figure 62: Isogrid dimensions. 
Figure 62 shows the isogrid dimensions used in this investigation. In this investigation the 
thickness of the isogrid web was given by b, the height of the isogrid flange was d, the thickness 
of the backing skin was t and the side length of the isogrid triangle was a. From these 
dimensions, Figure 63 presents the equivalent stiffness sandwich structure used to represent the 
isogrid within the CAD model.  This structure has the same thickness as the actual isogrid, but 
the modulus of the isogrid web section was reduced by a scaling factor b/h. 
 
Figure 63: Equivalent smeared sandwich model of the isogrid structure. 
As the parameter alpha was constant and could also be expressed as 𝛼 =
𝑏𝑑
𝑡ℎ
, this meant that the 
stiffness reduction ratio b/h for the smeared sandwich model could be represented as: 
𝐿𝑒𝑡 𝜖 =
𝑏
ℎ
=
𝛼
𝛿
 
Then the thickness of the isogrid web could be expressed as a function of the backing thickness 
for constant delta: 
𝑑 = 𝛿 ∗ 𝑡 
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For this investigation, epsilon was constant and specified to be approximately 0.026502 and 
delta was found to be 12.57776, resulting in the optimal isogrid structure being 12.58 times the 
height of the backing thickness but only having 2.65% of the elastic modulus of the actual 
homogenous material. 
According to McDonnell-Douglas (1973), when these optimal parameters were implemented 
the resulting isogrid structure had a one to one ratio between the amount of structural mass in 
the backing thickness and the structural mass in the isogrid webs.  This meant that the structural 
mass presented by the CAD geometry was incorrect due to it only considering the physical 
thickness of the isogrid material and not the actual volumetric thickness. 
The final component that was designed for the internal structure were the Tee rings that 
supported the propellant tank hemisphere to cylinder section connection point.  This structure 
was selected based on the stiffening ring justification presented for the aeroshell and the same 
Tee shaped profile as found in Figure 32 was used for the propellant tank geometry. The final 
propellant tank geometry can be found in Figure 64. 
 
Figure 64: Solid model of the parametric propellant tanks. 
 
3.5 Finalised Design 
Based on the design decisions documented in the previous sections, the finalised parametric 
CAD geometry is presented in this section.   
 
Figure 65: Rendered internal structure. 
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Figure 65 shows a render of the internal structure, including the payload adaptor, propellant 
tanks and the thrust tank up structure.   
 
Figure 66: Rendered aeroshell. 
Figure 66 and Figure 67 presents the rendered half model for the aeroshell and the completed 
rocket respectively.  Note the yellow outer surface in Figure 66 indicates the cork-phenolic 
ablative and the black on the nose cone represents the RCC shell. 
 
Figure 67: Complete rocket with half of the aeroshell removed. 
In the current configuration, the payload adaptor extends into the nose cone area by 196 mm, 
whilst there was still approximately 230 mm of space at the base of the aeroshell to encase the 
combustion chamber of the rocket.  If the propellant ullage space requirement was relaxed, then 
additional volume was available within the nose cone.  For detailed drawings of the components 
of the aeroshell see Appendix 13.19.  
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3.6 Materials Selection 
Prior to simulating the vehicle to determine if the proposed design would be able to support the 
intended aerodynamic loads, the materials for the different components needed to be evaluated. 
Based on the options determined from the literature and presented in Table 13, Table 21 was 
generated to highlight the final proposed decision made for each component of the CAD 
geometry.  Given the relatively small use of steel, Beryllium, Boron and Magnesium within 
spacecraft, these materials were discounted from the primary structural elements of the 
SPARTAN third stage.  Note though that these materials could be implemented during the 
detailed design phase, for example, steel bolts.  Carbon fibre reinforced plastics (CFRP) were 
proposed over other composite materials (e.g. Kevlar or graphite) as an alternative to metallic 
structures due to their higher specific stiffness and strength (Henson & Jones, 2017).  This left 
primarily aluminium, titanium and CFRP for use within the SPARTAN third stage vehicle. 
Table 21: SPARTAN third stage proposed materials. 
Assembly Component Proposed Material Alternative Materials 
Aeroshell – Nose Cone Stringers Aluminium 2195 CFRP or Titanium 
Frames Aluminium 2195 CFRP or Titanium 
Bottom Flange Aluminium 2195 CFRP or Titanium 
Shell Reinforced Carbon Carbon (RCC) - 
Aeroshell – Cylinder  Stringers Aluminium 2195 CFRP 
Frames Aluminium 2195 CFRP 
Flanges Aluminium 2195 CFRP 
Backing Sheet Aluminium 2195 CFRP 
Ablative Cork-Phenolic (P50) - 
Upper Connector Aluminium 2195 CFRP or Titanium 
Lower Connector  Aluminium 2195 Titanium 
Internals – LOX Tank Shell and Isogrid Aluminium 2195 Titanium 
Tee Rings Aluminium 2195 Titanium 
Internals – RP-1 Tank Shell and Isogrid Aluminium 2195 Titanium 
Tee Rings Aluminium 2195 Titanium 
Internals – Thrust Structure Upper Ring Titanium (Ti6Al4V) Aluminium 
Struts Titanium (Ti6Al4V) Aluminium 
Mounting Pad Titanium (Ti6Al4V) Aluminium 
Internals – Payload Adaptor Upper Ring CFRP Titanium 
Lower Ring Aluminium Titanium 
Struts CFRP Titanium 
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As seen in Table 21 the majority of the components within the third stage vehicle were selected 
to be aluminium.  This was done for several reasons, including: 
1. Aluminium’s high specific strength and stiffness reduced the mass of the structure 
whilst still ensuring it could sustain the applied loads (Akin, 2014). 
2. Relatively cheap which would help reduce costs given the third stage was completely 
expendable (e.g. throwing away excess amounts of Titanium parts would be unfeasible) 
(Akin, 2014). 
3. Easier to manufacture components relative to other materials (Akin, 2014). 
It was for these reasons that aluminium was selected for the aeroshell stiffening structures.  In 
particular, for these components, an aluminium-lithium alloy 2195 was selected due to its 
increased stiffness and lower density relative to other aluminium alloys.  This alloy had also 
been previously utilised within the Space Shuttle Cryogenic Fuel Tanks, indicating its 
suitability for use within spacefaring structures (Hales & Hafley, 2010).  Note that there were 
other alternative materials which may have generated stronger or lighter structures for the third 
stage vehicles aeroshell.  In particular carbon-fibre reinforced plastic (CFRP) and titanium were 
other potential candidates.    
Titanium was initially excluded from being used within the aeroshell due to its high cost and 
difficulty to manufacture, however, if it was found that the aluminium structure was too heavy 
or not strong enough; titanium would provide an excellent alternative.  If the temperatures 
within the nose cone of the aeroshell exceeded the operating temperature of the aluminium, 
using a titanium structure for the nose cone stiffening structures could reduce the effects of 
thermal softening, albeit at a higher cost (Boyer et al., 2015).   
The final option presented for the aeroshell stiffening structures was CFRP, which in general, 
should have provided additional mass savings for the structure due to its high specific stiffness 
(Henson & Jones, 2017).  This came with the downsides of a higher cost and more complex 
failure modes resulting in aluminium being selected for the aeroshell stiffening structures to 
initially determine if it would be feasible using conventional materials (Collier et al., 2010).  If 
the structure proved to be feasible using aluminium-lithium, then additional payload could be 
achieved at a later stage by switching to CFRP if it was deemed feasible. 
The 2195 aluminium alloy was also implemented for the connecting rings between the aeroshell 
and the aeroshell flanges.  Given the geometry of the flanges and the upper ring connector, these 
structures could also easily have implemented CFRP or titanium from a manufacturing 
perspective.   
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This meant these components followed the same justification as the stiffening structures as to 
the selection of aluminium 2195 over other materials.  Due to the thicker profile of the lower 
connection ring, making this out of a CFRP may prove difficult, and titanium was proposed as 
the lighter alternative for this component should additional mass need to be removed from the 
third stage vehicle. 
Aluminium-lithium 2195 was also implemented for both propellant tanks to avoid thermal 
strain problems between the LOX and RP-1 tanks.   It was used, because of its compatibility 
with LOX (compared to CFRP which oxidises and delaminates in a LOX environment), along 
with its previous use within the space shuttles fuel tanks.  Like the aeroshell stiffening 
structures, Titanium could also be used for the propellant tanks if additional mass savings were 
required.  However, until a stress analysis has been undertaken and the tank geometry 
appropriately sized, aluminium-lithium 2195 was proposed. 
Due to the large amounts of compressive load passing through the base of the rocket and the 
possibility of the structure being warmer than the ambient titanium was proposed for the thrust 
structure’s components.  If the loads were found to be lower than expected, or that the 
temperatures at the base of the vehicle were lower, aluminium could be employed for this 
structure. 
The final structure within the third stage vehicle was the payload adaptor.  Given the need for 
this structure to have a high stiffness to resist vibration propagation and compression based 
failure, CFRP was proposed for the struts and the upper ring (Wijker, 2008).  For the lower ring 
aluminium 2195 was selected due to the difficulty of manufacturing the current proposed profile 
out of CFRP.  
For the aeroshell to be analysed, strength and stiffness properties of the 2195 alloy, cork-
phenolic ablative and reinforced carbon carbon materials were sourced and can be found in 
Appendix 13.16.  
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4 Mesh Study Results 
To determine if the mesh used within the FEA model was fine enough for the simulation to be 
considered accurate a mesh study was undertaken.  The predominant method used to determine 
the mesh quality was the equivalent elemental stress difference, which indicated the stress 
gradient over an element and ideally should be minimised to maximise accuracy. 
 
Figure 68: Front view of the elemental stress difference in the 50 kPa dynamic pressure case, minimum thickness 
analysis with the ablative material.  Maximum elemental stress within the body was indicated by the “Max” tag.  
 
 
Figure 69: Back view of the elemental stress difference in the 50 kPa dynamic pressure case, minimum thickness 
analysis with the ablative material.  Maximum elemental stress within the body was indicated by the “Max” tag. 
Figure 68 and Figure 69 show the elemental stress difference for the 50 kPa dynamic pressure 
case with the minimum thicknesses and the ablative on. 
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The maximum elemental stress difference in the model was found to be 58 MPa and was 
localised to the upper connection ring, with the majority of the model having elemental stress 
differences less than 10 MPa.  As the elemental stress gradients were high near the upper ring, 
a mesh refinement study was undertaken. 
Table 22: Difference between the highly refined mesh and the actual analysis mesh. 
Design Metric Actual Model Highly Refined Model Percentage Difference (%) 
Number of Elements 957795 2401156 150 
Memory Used (GB) 86 110 27.9 
Run Time (minutes) 30 240 700 
Maximum Equivalent Stress (MPa) 73.01 89.249 22.25 
Yield Safety Factor 4.4461 3.7221 -16.28 
Ultimate Safety Factor 6.0872 4.5104 -25.9 
Deflection (mm) 2.1125 1.9896 -5.82 
 
Table 22 presents the difference between the mesh used within this analysis and the finest mesh 
tested in this study.  As it can be seen the ultimate safety factor had a maximum difference 
between the two models of 25.9 %.  The deflection and yield safety factors were considerably 
more accurate, with 5.8% and -16.3 % respectively.  To achieve the 25.9 % change in the 
ultimate safety factor, the run time had to be increased by 700 % and the level of RAM available 
at UQ’s Tulip server (128 GB) was close to exhausted.  Whilst the error between the fine and 
the actual mesh was large, the results from several other meshes indicated that the actual model 
tested was on the way to the converged state.   
Figure 70: Maximum deflection and maximum equivalent stress for the 50 kPa minimum thickness model with 
the ablative on as a function of the number of elements in the model. 
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Figure 70 shows the maximum equivalent stress and maximum deflection of the five different 
meshes tested in this investigation as a function of the number of elements in the model.  The 
results appear to have approximately plateaued between 1.6 to 2.4 million elements.  The results 
from the deflection appeared to have been less dependent on the element size, as the difference 
between the different meshes was relatively small compared to the maximum equivalent stress.  
This was the result of the large stress concentration gradients near the upper ring affecting 
predominantly the stress, but due to their small localised region, not appreciably influencing 
the deflection.  The plateauing of the stress and deflection also indicated that the errors between 
the actual model and the highly refined mesh would be constant and quantifiable. 
 
Figure 71: Minimum yield and ultimate safety factors for the 50 kPa minimum thickness model with the ablative 
on as a function of the number of elements in the model. 
Figure 71 presents the yield and ultimate safety factors as a function of the number of elements 
used in the mesh refinement study.  Whilst the ultimate safety factor showed a trend towards 
plateauing off as the number of elements increased this could not be observed in the yield safety 
factor.  As the safety factor was a function of stress, it should have also theoretically converged 
along with the maximum equivalent stress.  Due to the minimum safety factor occurring in an 
area of high bending load, this suggested that the limitations of not using three solid elements 
through the thickness of the body could have introduced these spurious results.  As the exact 
cause behind why this occurred could not be determined the conclusions drawn, based on the 
stress and deflection results, should be verified in future work.   
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Despite finding that the current mesh generated errors in the results, it was still used for the 
analysis to decrease the computation time of each simulation.  This allowed for more 
optimisation analysis simulations to be ran and the trends within the model identified, as 
opposed to having very accurate FEA results, but a limited understanding of how the model 
responded to different load cases or if the literature design methods were valid. 
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5 Aeroshell Dynamic Pressure Study Results 
As it was unknown if the literature based geometry developed within the first stage of this thesis 
would be able to efficiently support the necessary aerodynamic loads, a finite element analysis 
of the structure was undertaken.  The first phase of the finite element analysis of the vehicle 
was the static and buckling analysis of the structure to observe how the loads and stress on the 
vehicle were affected by the dynamic pressure of the freestream at the release point.   
For this analysis, the point of maximum dynamic pressure (max-Q) was selected to determine 
the applied loads, as this point coincided with the largest structural stresses on the vehicle 
(Terhes, 2014).  This point currently occurred immediately after separation from the second 
stage at an angle of attack of 10 degrees and a Mach number of nine.  To determine the 
aerodynamic loads at this point Mr Sholto Forbes-Spyratos provided the author with CFD 
pressure fields from CART-3D at the specified flight conditions. 
The dynamic pressure in this study was to be varied from 30 kPa to 50 kPa in order to observe 
how loads and stresses changed within the aeroshell.  This range was selected as it covered 
from the upper limit expected for the SPARTAN third stage down to a dynamic pressure that 
was similar to conventional launch vehicles.  Only the aeroshell of the rocket was analysed in 
this section of this thesis as it was the primary area of focus for this investigation, due to its 
critical role in supporting all applied aerodynamic loads. 
5.1 Static Analysis 
5.1.1 Load and Geometry Definition 
Given that the focus of this phase was to verify that the aeroshell could resist the applied loads, 
only the parameters which had a major effect on the stiffness of the vehicle were varied whilst 
all others remained constant.  The most important parameters selected were: 
 Aeroshell cylinder backing thickness (tb), 
 Aeroshell cylinder stringer thickness (tstr,cyl), and, 
 Aeroshell nose cone stringer thickness (tstr,nc). 
By varying these parameters other dimensions of the stiffening elements adjusted to ensure that 
the aeroshell structure had the maximum stiffness for the minimum mass.  Creo Parametric was 
linked to ANSYS 17.1 using ANSYS’s CAD Configuration Manager to allow for the 
parametric model to be easier to pre-process but restricted the geometry to a solid model.   
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This combined with the fact that mid-surfacing of the geometry was found to be too difficult to 
interface parametrically, meant that solid elements had to be utilised.  A half model of the 
aeroshell was also used for computational efficiency. 
Figure 72 shows the CART-3D pressure field used for the maximum dynamic pressure analysis 
of the aeroshell.  Due to the flow stagnating on the tip of the vehicle, the maximum pressure 
point occurred on the nose cone tip.  The most important section of the pressure field though 
was the region of moderate pressure on the acreage of the nose cone which introduced large 
bending moments.  Below the nose cone base, there was effectively no significant pressure 
levels acting on the aeroshell. 
 
Figure 72:  Static pressure field of the rocket applied to the finite element model. 
As the aeroshell pressure field was specified for an unknown freestream static pressure, the 
coefficient of pressure distribution (Cp) was utilised instead of the exact pressure field.  By 
exporting the raw Cp and nodal coordinates to Excel a pressure field could be developed for 
any arbitrary free stream dynamic pressure (i.e. any arbitrary flight altitude).  Using the 
definition of dynamic pressure (q) and the supersonic coefficient of pressure formula, the Cp 
values from the CART-3D simulation, at a set Mach number and angle of attack, could be used 
to represent a variety of different dynamic pressure flow fields by: 
𝑃 =
1
2
𝐶𝑃𝑃∞𝛾𝑀∞
2 + 𝑃∞ 
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𝑊ℎ𝑒𝑟𝑒 𝑃∞ =
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𝛾𝑀∞2
 
Gamma was the specific heat ratio for air, assumed to be 1.4, and M∞ the free stream Mach 
number.  Based on the work by Terhes (2014), an additional 1.5 times safety factor was applied 
to this pressure field prior to it being imported into ANSYS. 
5.1.2 Named Selections Set Up 
Due to the parametric nature of the model under investigation, named selections were used to 
generalise the application of meshing tools and contacts.  This drastically reduced pre-
processing time and allowed for selections to be made using part names, instead of geometries. 
5.1.3 Mesh Generation 
As found in the mesh study section, using the default mesh within ANSYS resulted in inaccurate 
results.  Given the elemental stress differences shown in Figure 68, to improve the quality of 
the mesh, trial and error was used to reduce the stress gradients in the elements and refine the 
mesh near stress concentration sites.  In particular, the mesh was primarily refined around the 
upper attachment ring, as this acted as the major support for the vehicle and was the highest 
stressed point in the structure and experienced large amounts of bending. 
Below the upper ring, the stress on the vehicle was significantly lower, and there was 
predominantly only compression loads acting on the vehicle.  This allowed for a coarser mesh 
to be employed from 0.5 m below the top of the cylinder, reducing computation time (the exact 
split location was selected to allow for the capture of the bending deformation of the body near 
the upper ring).  The lack of bending loads also meant that only one solid element through the 
thickness could be utilised without an appreciable loss in accuracy (Thieme, 2016).  The key 
element sizes for the actual mesh utilised in this study are presented in Table 23. 
Table 23: Approximate element sizes for the nominal mesh. 
Region Approximate Element Size (mm) 
Below Upper Attachment Ring (Cylinder Structure) 60 
Above Upper Attachment Ring (Cylinder Structure) 10 
Nose Cone Body 20 
Upper Attachment Ring 2.5 
Base of Nose Cone 5 
 
As it can be seen from Table 23, close to the upper ring, and in large areas of bending, the 
element size was reduced by a minimum factor of six to capture the complex deformation and 
stress fields in this area, particularly around the fillets of the upper attachment ring.   
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Where possible hexagonal elements were used to reduce the total number of elements needed 
and increase element quality.  This though was not possible for all geometries and tetrahedral 
elements were employed for complex geometries, resulting in an increased number of elements 
required and a reduced the overall element quality.  Despite minimising element size, the 
accuracy of the simulation was heavily influenced by the element type.   
Problems with mid-surfacing for shell elements and the complexity of some geometries 
restricted the use of solid-shell and shell elements, limiting the model to solid elements which 
required at least two elements through the thickness in bending dominated regions (Thieme, 
2016).  This was not a problem below the lower ring where there was predominantly 
compression but did impact above the upper ring where it was not always possible to achieve 
enough elements due to computational expenses. 
5.1.4 Contact Generation 
Due to the CAD model being made of individual components, the parts were bonded together 
with contacts using named sections.  The connections were left in the default, “program 
controlled” state, resulting in non-linear bonded contacts being formed.  Linear MPC contacts 
were attempted to be implemented, however, ANSYS had difficulty generating them due to the 
result of multiple connections being made to one surface. This meant that as the default contacts 
had to be used, a non-linear buckling solver had to be implemented in later simulations. 
5.1.5 ANSYS Static Solver Set Up 
The final steps in the setup of the static solver involved the following: 
 Assigning the correct materials to the model, 
 Setting up the boundary conditions, 
 Defining the symmetry plane, and, 
 Selecting the analysis settings. 
For the aluminium 2195 and RCC, isotropic, linear elastic, material databases were defined 
within ANSYS.  In the work by Ricardo (2009), the elongation to failure (7 %) and the tensile 
stress at failure (1.08 MPa) for Norcoat-Liege HPK FI (a commercial cork phenolic ablative) 
were provided, but the modulus of the material was unavailable.  Assuming that the Poisson’s 
ratio of the material was 0.3, the elastic modulus estimated as: 
𝐸 =
𝑈𝑇𝑆
𝜖𝑓𝑎𝑖𝑙𝑢𝑟𝑒
= 15.43 𝑀𝑃𝑎 
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This assumed a linearly elastic relationship up to failure, which was unlikely due to the polymer 
matrix used in the cork-phenolic material, but for lack of better data, this assumption was 
necessary. 
In this investigation, the applied pressure field and the third stage aeroshell exhibited one plane 
of symmetry about the longitudinal axis of the vehicle allowing for symmetry boundary 
conditions to be utilised.   
For the upper attachment ring, the inner surface of the ring was defined as a frictionless contact 
which was free to translate along the length of the rocket, but could not move transverse to the 
rocket, representing the intended roller connection presented in Figure 31.  This boundary 
condition was not a perfect representation of reality as the upper ring would actually act as a 
frictional compression only support, but this introduced additional non-linearities and as such 
was neglected for the preliminary analysis. 
The second boundary condition was the lower attachment ring, where the inner and bottom 
surface of the attachment ring were defined as fixed supports.  Fixed supports were used as it 
was assumed that the clamp band would press-fit the male and female lower attachment rings 
together, restricting their ability to support both moments and displacements.   
In reality, the lower and upper boundary conditions would both be represented by the internal 
tank structure, and the stiffness of the tank structure would contribute to the overall deformation 
of the vehicle.  As modelling the tank structure and the aeroshell was computationally expensive 
and increased the complexity of the optimisation problem, the internal structure was neglected 
in this analysis.  This was a conservative assumption from the aeroshell analysis perspective as 
the tank stiffness would have reduced the total stress on the aeroshell, by taking up some of the 
aerodynamic loads. 
Originally a purely static analysis was ran for the dynamic pressure study, but upon inspection 
of the results, the deflections were of the order of the model’s thickness, which meant, according 
to Zardadkhan (2014), that a non-linear analysis was needed to be undertaken.  For the non-
linear analysis, the applied pressure field was ramped from zero to one times the applied value 
over a period of one second with the “large deflections” option turned on within ANSYS.   
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5.1.6 Post Processing 
To check if the aeroshell would survive the applied load several quantities were observed on 
the structure.  The primary quantities that were extracted from the model included: 
 Maximum equivalent stress (Von-Mises stress) – used to check against yielding and for 
mesh refinement, 
 Maximum principal stress – used to check for ultimate tensile failure, 
 Yield safety factor – based on the maximum equivalent stress and yield strength, 
 Ultimate safety factor – based on the maximum principal stress and ultimate tensile 
strength, and, 
 Total deformation – used to check convergence and as a sanity check that the solver was 
working as expected. 
For the ultimate and yield safety factors, desired values of 1.5 and 1.25 respectively were used 
for evaluating if the rocket structure had achieved a “safe” configuration. 
5.1.7 Results 
The first simulation tested within the variable dynamic pressure case was the minimum 
thickness, maximum free stream dynamic pressure case (50 kPa) to determine if it was possible 
for the vehicle to fail at all.  This test showed that the rocket was successful at supporting the 
loads, but was overdesigned with safety factors on the order of four for the non-linear 
simulations.  As this represented the maximum stress case, this meant that lower dynamic 
pressure cases would result in larger safety factors, which was undesirable (as the rocket would 
be heavier than necessary). 
The cause of the large safety factors at the minimum thickness, maximum applied load case, 
was an artefact of the pre-optimisation undertaken in the development of the CAD geometry 
which restricted the minimum possible thicknesses of the stringers and the backing thickness 
to only 1.5 mm (the key variables in this investigation).  If the thicknesses of these components 
were reduced below these values, then the CAD geometry would implode, with dimensions 
becoming negative.  This meant that for all static and buckling simulations undertaken in the 
dynamic pressure study section of this investigation the variables under consideration were set 
to the minimum possible thickness of 1.5 mm.  At the minimum thickness condition, the number 
of stringers was 25. 
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Table 24 presents an overview of the results from the static and non-linear solvers for varying 
dynamic pressures.  As it can be seen, the yield static safety factors were on average 57.5 % 
less than the non-linear results and the maximum equivalent stress for the static analysis was 
on average 9 % less than the non-linear solver, whilst the static deflections were only on average 
6.65 % less than the non-linear results.  In general, the non-linear solver experienced an increase 
in deflection and stress relative to the static solution, but the yield safety factors decreased 
relative to the static solution.  This was believed to be attributed to the stress and deflection 
within the non-linear solver being redistributed due to the large deflections. However, this could 
not be confirmed.  The component that indicated ultimate failure first also changed between the 
static and non-linear solutions, from the nose cone shell to the upper attachment ring, which 
was again believed to be attributed to the stress and deflection redistribution reducing the loads 
on the nose cone shell.   
Given the large differences between the static and non-linear solutions, the non-linear solution 
was believed to be the more valid solution, due to the deflections of the model being of a similar 
magnitude to the component geometry (Zardadkhan, 2014).  However, this needed to be 
verified in future work.
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Table 24: Static and non-linear solver variable dynamic pressure results. 
Analysis 
Type 
Dynamic 
pressure 
(kPa) 
Maximum 
Equivalent 
Stress (MPa) 
Location of 
Maximum 
Equivalent Stress 
(and Maximum 
Principal Stress) 
Minimum 
Yield Safety 
Factor 
Location of 
Minimum 
Yield Safety 
Factor 
Minimum 
Ultimate 
Safety 
Factor 
Location of 
Minimum 
Ultimate 
Safety Factor 
Maximum Total 
Deformation 
(mm) 
Maximum 
Principal 
Stress (MPa) 
Static 
50 83.5 Upper Attach 1.9204 NC Shell 1.8614 NC Shell 1.8954 82.951 
45 75.15 Upper Attach 2.1337 NC Shell 2.0682 NC Shell 1.7058 74.656 
40 66.8 Upper Attach 2.4004 NC Shell 2.3267 NC Shell 1.5163 66.361 
35 58.45 Upper Attach 2.7434 NC Shell 2.6591 NC Shell 1.3268 58.066 
30 50.1 Upper Attach 3.2006 NC Shell 3.1023 NC Shell 1.1372 49.771 
Non-
Linear 
50 91.799 Upper Attach 4.5183 NC Shell 5.4197 Upper Attach 2.0305 91.611 
45 82.638 Upper Attach 5.0206 NC Shell 6.0221 Upper Attach 1.8275 82.469 
40 73.472 Upper Attach 5.6485 NC Shell 6.7751 Upper Attach 1.6244 73.323 
35 64.303 Upper Attach 6.4557 NC Shell 7.7433 Upper Attach 1.4213 64.173 
30 55.129 Upper Attach 7.5321 NC Shell 9.0342 Upper Attach 1.2183 55.019 
 
In Table 24, NC Shell indicated the RCC shell of the nose cone and Upper Attach indicated the upper attachment ring of the vehicle. 
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As all of the simulations undertaken in the non-linear static analysis had the same dimensions, 
this meant they had the same structural mass of approximately 281 kg and could not be 
optimised for a minimum mass configuration.  Instead, relationships between the maximum 
model stress, yield and ultimate safety factors and displacement were considered to evaluate 
the applicability of the literature for the third stage vehicle. 
 
Figure 73: Equivalent stress distribution on the aeroshell for a dynamic pressure of 50 kPa, front view, minimum 
thickness configuration.  The location of maximum and minimum stress was designated by the Max and Min tags. 
 
 
Figure 74: Equivalent stress distribution on the aeroshell for a dynamic pressure of 50 kPa, back view, minimum 
thickness configuration.  The location of maximum and minimum stress was designated by the Max and Min tags. 
Figure 73 and Figure 74 show the equivalent stress distribution over the entire aeroshell for the 
50 kPa dynamic pressure case.  As it can be seen, the majority of the aeroshell is relatively 
lightly stressed (less than 20 MPa), indicating that the structure was heavily overdesigned.   
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The location of maximum equivalent stress was found on the upper attachment ring, in the 
fillets surrounding the stringer cut out profile.  The nose cone also shows a moderate stress 
region towards the base (this was the critical failure point for the RCC shell) and the minimum 
stress location occurs below the lower attachment ring.  As below the lower attachment ring, 
there was effectively no stress, this indicated that the stiffening structures were not necessary 
in this location for the current vehicle configuration and loading.  
 As seen in Figure 75 the maximum stress on the aeroshell was found in the fillets around the 
stringer cut-out sections for the upper attachment ring.  This was to be expected as this ring 
supported the majority of the load on the vehicle, with a reaction force of approximately 37 kN 
(for the 50 kPa case) needing to be transferred through this structure.  
 
Figure 75: Upper attachment ring equivalent stress distribution for the 50 kPa test case in the minimum 
thickness configuration. 
Despite this component being the most highly stressed section of the model, due to the 
aluminium 2195’s high yield and ultimate strengths it had a relatively high safety factor (greater 
than the RCC shell).  The stress in this area could also be easily reduced by increasing the fillet 
radius or the web thickness, making this part not a driving factor in the current third stage 
vehicle design.  In this investigation, the thickness of this component has not been optimised to 
minimise the safety factor on this part, as it was likely that the structure would need to be 
drastically changed in other areas to reduce the overall safety factor, and subsequently, the stress 
in this region may change. 
The critical failure point for the third stage vehicle was actually found to be located on the nose 
cone shell (see Figure 76).  
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Figure 76: Nose cone yield safety factor. 
Figure 76 shows that towards the base of the nose cone the yield safety factor decreased towards 
a minimum at the connection point with the bottom flange.  This was to be expected as the 
pressure field acting on the rocket induced a bending moment on the nose cone which in turn 
placed the base in tension and the top in compression.  Due to the low tensile strength of the 
RCC (approximately 15 MPa), this meant even small magnitude tensile loading on the nose 
cone shell could cause it to crack and fail.  This highlighted the need for the stiffening structures 
within the aeroshell, as their core purpose was to remove the load from the aeroshell to prevent 
it from failing.  It also indicated that the reinforcement structure that connected the bottom 
flange to the nose cone may need to be redesigned to help redistribute the stress on the RCC 
more evenly. 
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Figure 77: Deformation profile of the aeroshell for the 50 kPa dynamic pressure, minimum thickness, ablative 
on case.  The deflection was exaggerated 180 times in the image. 
Figure 77 shows the deformation of the aeroshell about the symmetry plane under the 50 kPa 
applied dynamic pressure field.  The maximum deflection of the vehicle was only 2.035 mm, 
which relative to the overall length of the vehicle (7500 mm) was relatively insignificant.  The 
majority of this deformation occurred in the nose cone and the cylinder structure above the 
upper attachment ring.  The main point of interest though was the cylinder area above the top 
ring which appeared to buckle and collapse under the applied bending and compressive loads, 
indicating that it could be the critical failure point if buckling was to occur.   
Given that the aeroshell was overdesigned using the CAD limited minimum thicknesses, instead 
of minimising the mass of the structure, the structure was held constant, and relationships 
between the applied loads and stress within the vehicle were considered. 
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Figure 78: Maximum equivalent stress versus dynamic pressure for the aeroshell operating at the max-Q point 
in the minimum thickness configuration with the ablative on. 
Figure 78 presents how the maximum equivalent stress (located at the upper attachment ring) 
varied as a function of freestream dynamic pressure.  At between 30 to 50 kPa this relationship 
was observed to be linear, which was to be expected due to how the pressure field was derived.  
In particular, as the static pressure within the applied pressure field was linearly dependent on 
the dynamic pressure, the total applied force to the nose cone increased linearly with dynamic 
pressure.  Then, as the geometry was not changing, this meant that the maximum equivalent 
stress on the aeroshell must increase linearly with dynamic pressure.  Assuming that the 
aeroshell was in the same configuration as this investigation, the maximum equivalent stress at 
any release point dynamic pressure could be estimated without the need for FEA using: 
𝜎𝑀𝑎𝑥 𝐸𝑞𝑢𝑖𝑣𝑎𝑙𝑒𝑛𝑡 = 1.8335 ∗ 𝑞 + 0.1281 [𝑀𝑃𝑎] 
Where q was the dynamic pressure of the freestream in kPa. 
A similar relationship was obtained for the tip deflection of the vehicle.  The larger the aeroshell 
deflected, the higher the probability it could impact on the payload inside the vehicle and the 
higher the chance that the applied pressure field would no longer be valid.  This meant 
minimising tip deflection was another key design consideration for the third stage vehicle.  
Figure 79 presents the maximum deflection of the aeroshell as a function of the free stream 
dynamic pressure at the max-Q point in the trajectory of the vehicle.   
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Figure 79: Maximum deflection of the aeroshell versus dynamic pressure at the max-Q point in the minimum 
thickness configuration with the ablative on. 
Figure 79 shows that the deflection, like the stress, was linear with dynamic pressure, which 
was to be expected as all materials were linear elastic.  As the max-Q point represented the 
maximum structural loading on the vehicle, this maximum deflection theoretically represented 
the maximum deflection for the aeroshell over the entire flight.  As a non-linear solver was used 
to generate these results and gave different results to the static solution, the deflection being 
linear with dynamic pressure was unexpected.  This linearity with respect to dynamic pressure 
and the difference between the static and non-linear solutions was believed to be the result of 
the non-linear solution ramping the load in a manner which resulted in a more converged 
solution, with smaller residual errors, compared to the static solution.  This though requires 
further investigation.  
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Figure 80: Yield and ultimate safety factor versus dynamic pressure for the aeroshell at the max-Q point in the 
minimum thickness configuration with the ablative on. 
Figure 80 shows the variation in the yield and ultimate safety factors for the aeroshell as a 
function of dynamic pressure.  For the aeroshell to be considered “failed” the safety factor had 
to drop below 1.25 for yield and 1.5 for ultimate, which did not occur in the test domain.  Over 
the domain considered, the safety factors exhibited an inverse relationship to the dynamic 
pressure which was to be expected based on the linear relationship between stress and dynamic 
pressure and the definition of the safety factor.  Assuming the curve fit relationships held for 
higher dynamic pressures, in order for the vehicle to fail in yield it would need to be exposed 
to an approximately 180 kPa dynamic pressure flow.  This dynamic pressure was similar to that 
found within missiles, but was completely unreasonable for this investigation, again 
highlighting the overly conservative nature of the applied literature (Fleeman, 2001).   
At the lowest dynamic pressure experienced by the vehicle, the minimum safety factor was 7.5, 
occurring in yield on the RCC nose cone.  When compared to the desired safety factor of 1.25 
for yield, this indicated that the structure was 6 times stronger than necessary.  Therefore, it was 
clear from the non-linear static analysis results that the aeroshell in its current configuration 
was functional, albeit heavily overdesigned.  To ensure that the vehicle was not failing in other 
modes a non-linear buckling analysis of the aeroshell was also undertaken. 
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5.2 Buckling Analysis 
Given the third stage vehicle was acted upon by compressive forces from drag and large lateral 
loads from the lift force, it was believed that buckling could be a critical failure mode, 
particularly near the upper attachment ring.   
5.2.1 ANSYS Buckling Solver Set Up 
Due to problems with the contact definition within the static analysis set up, an eigenvalue 
buckling solver could not be used for the aeroshell, and a non-linear buckling solution was 
instead undertaken.  This analysis method theoretically yielded more accurate estimations of 
the buckling load at the cost of increased computation time. 
To undertake the non-linear buckling solution, a normal non-linear static solution was used, 
and the applied pressure field ramped from zero to a value slightly greater than the expected 
buckling load.  As the load was ramped in magnitude, it was expected that the deflection 
experienced by the aeroshell should have increased in an increasing manner, until it reached the 
point where no additional load was required to provide a large change in deflection (i.e. the 
structure buckled).   
As it was previously found that the aeroshell tended towards the minimum possible thickness 
at the maximum loading, the buckling analysis was undertaken at the 50 kPa dynamic pressure 
case for the minimum thicknesses.  If the aeroshell did not buckle at this load, it would not 
buckle at any of the lower applied loads either, saving analysis time.  The non-linear buckling 
solution was based on the same non-linear model used for the static analysis, with the load 
ramped from zero to four times the applied pressure field (an initial guess for the failure load) 
over a period of 16 load steps.  By ramping the load slowly over time, with the large deflections 
option present, the buckling load of the structure could be estimated by looking at the point 
where the load-deflection curve flattened off or where the force convergence criterion within 
ANSYS first diverged. 
5.2.2 Results 
When the analysis was ran for the 50 kPa dynamic pressure case, it was found that the ANSYS 
solver did not experience any large divergences in the force convergence criterion over the 
applied load range.  The load-deflection curve was also found to be perfectly linear (see Figure 
81). 
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Figure 81: Load-deflection curve for the 50 kPa dynamic pressure non-linear buckling solution. 
Figure 81 presents the load-deflection curve for the 50 kPa dynamic pressure non-linear 
buckling analysis.  Note that “load” was measured by the load factor which was the value the 
actual pressure field was multiplied by within the analysis, and “deflection” was taken as the 
maximum total deflection in the body (which occurred on the nose cone tip). 
The load-deflection curve being linear in nature indicated that the structure was not near its 
critical buckling load, as the structure was not showing any signs of instability.  This result was 
contradicted when the deformation of the structure was visualised near the upper attachment 
ring for the four times applied pressure field, as signs of local buckling were present. 
 
Figure 82: Deflection of the aeroshell backing sheet for the four times load factor, 50 kPa dynamic pressure 
case (87 times deformation exaggeration). 
y = 2.1151x - 0.0036
R² = 1
0
1
2
3
4
5
6
7
8
9
0 0.5 1 1.5 2 2.5 3 3.5 4 4.5
D
ef
le
ct
io
n
 (
m
m
)
Load Factor
Load-Deflection Curve - 50 kPa Dynamic Pressure 
Case
125 
Figure 82 shows the deformation of the aeroshell backing sheet near the upper attachment ring 
due to the four times load factor, 50 kPa dynamic pressure case with the deformations 
exaggerated by a factor of 87.  The area around the upper ring experiences a large amount of 
deflection which could induce global buckling whilst further down the length of the rocket, the 
backing sheet appeared to be locally buckling between frames (visualised as the wavy 
deformation pattern).  The local deformation though was very small and completely invisible 
when the structure was observed in the “true” deformation representation. 
To verify that local buckling was not occurring, a second simulation was ran with a deflection 
probe attached to a node on the cylinder backing sheet that appeared to be locally buckling in 
previous simulations.  In this simulation, the load was ramped to 12.2 times the original pressure 
field over a period of 30 steps to try and capture the buckling load which may have been greater 
than the originally estimated value of four times the applied load. 
 
Figure 83: Load-deflection curve for a locally buckling node on the cylinder backing sheet in the 50 kPa 
dynamic pressure non-linear buckling solution 
Figure 83 shows the load-deflection curve for the presumed locally buckling node on the 
cylinder backing sheet during the 50 kPa dynamic pressure case simulation.  Like the previous 
maximum deflection analysis, this point also experienced a linear increase in deflection with an 
increase in the load factor, indicating it was unlikely that buckling had onset at this position.   
As the buckling loads were much larger than expected, a “sanity check” was undertaken by 
calculating the critical buckling load for the cylinder section of the aeroshell using the Euler 
buckling equation: 
𝑃𝑐𝑟𝑖𝑡 =
𝜋2𝐸𝐼
(𝐾𝐿)2
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The Euler buckling load formula was typically non-conservative, so to make the analysis as 
conservative as possible the length (L) was assumed to be the length of the entire cylinder, the 
modulus was assumed to be 75 GPa (the modulus of the ablative was neglected), the end effects 
factor (K) was assumed to be one and the second moment of area of the cross-section (I) 
obtained from Creo.  It was found that for the minimum thickness geometry the critical buckling 
load was 3.56x107 N, which was significantly larger than the applied loads.  Even when it was 
assumed that both the compressive load acting on the third stage for the 50 kPa test case 
(approximately 8.7 kN) and the lateral load (37 kN) completely contributed to the critical 
buckling load, the buckling safety factor was approximately 790 (See Appendix 13.18). 
This large magnitude of the Euler buckling load factor indicated it was unlikely that the 
structure would experience a global buckling failure, which was reflected in the linear load-
deflection curves.  More analysis is required to confirm the preliminary results presented in this 
thesis, as due to the applied loading and visualised deformation profile, local and/or global 
buckling was still expected for this structure.  
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6 Geometry Effects Analysis 
Given that the dynamic pressure study found that the vehicle was heavily overdesigned for the 
applied loads, it was believed that the safety factor of the vehicle (and hence the mass of the 
vehicle too) could be reduced by using fewer stringers or reducing the backing thickness.   
Due to the number of stringers being defined by the backing thickness and stringer thickness, 
the geometry of the stringers was fixed to that found in the minimum thickness cases and the 
number of stringers then manually overridden within the Creo model.   To simplify the analysis 
the number of stringers within the nose cone and the cylinder were both assumed to be the same.  
The number of stringers was varied from 4 to 25 and static analysis undertaken within ANSYS 
for the maximum dynamic pressure case (50 kPa).  
For the variable backing thickness analysis, the number of stringers was not overridden, but the 
backing thickness was “shaved” down using a revolve feature within Creo.  The revolve method 
was less than ideal for changing the backing thickness, but it was the simplest method that did 
not involve adjusting the complex cascading relationships stored within Creo.  In this analysis 
only one backing thickness was tested, 0.5 mm, for the 50 kPa dynamic pressure case. 
6.1 Number of Stringers – Static Analysis 
The two key differences between this analysis and the original aeroshell study was that the 
number of stringers was adjusted from 4 to 25 using a manual override set up in Creo Parametric 
and the ablative was removed (see Ancillary Results section for justification).  The range of 4 
to 25 stringers was indicative for each half shell model and actually corresponded to 8 to 50 
stringers for the entire aeroshell.  The lower limit of four stringers was selected as below this 
level the stringers could be effectively neglected due to their insignificant size relative to the 
backing sheet.  The upper limit for the number of stringers was fixed by the literature 
optimisation relationships defined within Creo. 
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6.1.1 Results 
The exact number of stringers tested was 25 (from previous analysis), 16, 8 and 4.  Table 25 
presents the results from the non-linear static analysis that were undertaken for this sub-study.  
In this study, the ablative was removed from the model. 
Table 25: Number of stringers study results for the 50 kPa dynamic pressure case, minimum thickness geometry 
and no ablative. 
Design Metric 
Number of Stringers 
25 16 8 4 
Model Mass (kg) 122.93 114.22 110.07 108.09 
Maximum Equivalent Stress 
(MPa) 
73.01 107.69 112.91 112.27 
Minimum Yield Safety Factor 4.4461 4.5804 4.4686 4.4574 
Yield Failure Location 
Nose Cone 
Shell 
Nose Cone 
Shell 
Nose Cone 
Shell 
Nose Cone 
Shell 
Minimum Ultimate Safety Factor 6.0872 5.3227 4.9115 4.9791 
Ultimate Failure Location Upper Attach Upper Attach Upper Attach Upper Attach 
Deflection (mm) 2.1125 2.2628 2.4084 2.4948 
 
Based on the data from Table 25, for the range of stringers from 25 to 8 there were general 
trends of: 
 Increasing stress with decreasing stringer number, 
 Decreasing mass with decreasing stringer number, 
 Decreasing ultimate safety factor with decreasing stringer number, and, 
 Increasing deflection with decreasing stringer number. 
All of these trends were to be expected based on reducing the number of stringers decreasing 
the stiffness of the structure.  For the 16 stringers case, the yield safety factor increased relative 
to the 25 stringers case.  The maximum equivalent stress also appeared to hit a plateau between 
8 to 4 stringers, resulting in the yield and ultimate safety factors increasing again.  The exact 
cause of these unexpected results was unknown. However, it was believed to be caused by a 
mesh refinement problem.  When the number of stingers was decreased down to eight, the yield 
safety factor was still approximately 4.5, which was 3.6 times the desired value of 1.25.  Given 
adjusting the number of stringers for the 1.5 mm backing thickness did not have a significant 
effect on lowering the safety factors for the 50 kPa dynamic pressure case with the 1.5 mm 
backing thickness it was assumed that it would not significantly improve the lower dynamic 
pressure cases either. 
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6.2 Number of Stringers – Buckling Analysis 
To verify that the buckling load for the structure was still relatively high even with low stringer 
numbers, the Euler critical buckling load was calculated for the 1.5 mm backing thickness 
cylinder with no stringers present.  Using the same assumptions from the dynamic pressure 
study, the buckling load factor was on the order of 548 times the current applied load, compared 
to the 790 times load factor for the full 25 stringers.  This indicated that buckling should not be 
a problem for the reduced stringers case and that the backing thickness was likely to be 
contributing the majority of the stiffness to the structure (See Appendix 13.18 for Euler 
buckling calculations). 
6.3 Reduced Backing Thickness – Static Analysis 
The final geometry effects test case undertaken was a variation in the backing thickness.  As it 
was found that reducing the number of stringers within the model had a low effect on the safety 
factor of the aeroshell, the backing thickness was reduced from 1.5 mm thick to 0.5 mm thick 
to determine the effect this would have on the structures static response.  This analysis was 
undertaken prior to the non-linear solver issue had been identified leading to some inherent 
error in the solution.  No ablative was included for this analysis and the same ANSYS model 
used for the number of stringers study was employed, with a new CAD model. 
6.3.1 Results 
Table 26 presents the key design metrics for the reduced backing thickness test case compared 
to the full backing thickness benchmark.  The benchmark simulation was ran using a non-linear 
analysis whilst the reduced thickness simulation case was undertaken using a static analysis, 
meaning that the errors identified between the static and non-linear solutions within the 
aeroshell dynamic pressure study would also be present in this comparison. 
Table 26: Reduced backing thickness results for the 50 kPa dynamic pressure case, all thicknesses in the 
minimum configuration, no ablative included, 0.5 mm cylinder backing thickness. 
Design Metric 
0.5 mm Backing Thickness Case 
(Static, no ablative) 
1.5 mm Backing Thickness 
Benchmark (Nonlinear, no 
ablative) 
Maximum Equivalent Stress 
(MPa) 
150.43 73.007 
Minimum Yield Safety Factor 2.1484 4.4461 
Yield Failure Location Nose Cone Shell Nose Cone Shell 
Minimum Ultimate Safety Factor 2.1488 6.0872 
Ultimate Failure Location Nose Cone Shell Nose Cone Shell 
Deflection (mm) 4.8961 2.1125 
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Based on the results from the aeroshell dynamic pressure study, the static simulation based 
deflection and the maximum equivalent stress should be close to the actual non-linear 
simulation values, whereas the safety factors were likely to be lower than the actual values.  
Taking into consideration these uncertainties between the two sets of results it can be seen that 
by reducing the thickness by a factor of three, the maximum equivalent stress increased by 
approximately 100 % and the deflection at the nose cone tip increased by 130 %.  This was to 
be expected as it was found that the backing sheet within the cylinder contributed the majority 
of the stiffness for the aeroshell structure for the 1.5 mm thickness case (see Breakdown of 
Structural Masses section). 
Given the large changes in stress than can be achieved by reducing the backing thickness, this 
area should be of key focus for future work to help reduce the large safety factors for the vehicle 
and reduce the aeroshell’s total mass.  As the backing thickness decreases though it will become 
more susceptible to local buckling and as such, a more detailed non-linear buckling study would 
be needed if this variable was reduced.  It was also found that due to the methods undertaken 
to generate the lower backing thickness, along with the overall scale of the vehicle, ANSYS 
had difficulty recognising the backing thickness when it dropped below 0.5 mm.  This suggested 
that more investigation was needed into the geometry import process to try and rectify this issue 
if thinner backing sheets were used in the future. 
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7 Ancillary Results 
To verify some of the assumptions made within this investigation a small series of test cases 
were undertaken to help validate the results from the finite element analysis process. 
7.1 Acceleration Test Case 
During the dynamic pressure study, it was assumed that the major load acting on the vehicle 
was the aerodynamic forces.  Whilst this may have been the case in the literature this needed to 
be verified for the SPARTAN third stage and as such an acceleration load was applied to the 
minimum thickness geometry used for the dynamic pressure study (Terhes, 2014).  Based on 
the acceleration data for the SPARTAN found in Figure 3 a longitudinal acceleration of +3.5g 
and gravity was applied to the aeroshell acting at a 10-degree angle of attack and a 2.9-degree 
flight path angle.  The angle of attack and flight path angle data were taken at the max-Q point, 
whilst, to make the analysis conservative, the longitudinal acceleration used was the maximum 
for the entire trajectory. 
Upon running this analysis, it was found that the maximum equivalent stress experienced by 
the aeroshell under the acceleration loading was 4.023 MPa, with a maximum deflection of only 
0.0534 mm.  As this was such a small stress level even when compared to the lowest dynamic 
pressure case, the assumption that acceleration loading could be neglected for this investigation 
without an appreciable loss in accuracy was valid. 
7.2 Ablative Stiffness Test Case 
Another critical assumption made within this investigation was surrounding the calculation of 
the elastic modulus of the ablative material.  Neglecting the effect that Poisson’s ratio had on 
the accuracy of the simulations, the assumption of the Elastic modulus for the cork-phenolic 
material greatly influenced the accuracy of the stress levels within this component.  It was 
initially believed that due to the low stiffness of the ablative it would have little effect on the 
stiffness of the aeroshell and was unlikely to fail.  To verify this assumption, two simulations 
were undertaken using the maximum dynamic pressure case and the minimum thickness 
configuration of the aeroshell.  The first simulation removed the ablative from the model 
completely and re-applied the pressure field to the cylinder backing sheet.  The second 
simulation involved increasing the modulus of the ablative from 15 MPa to 3.8 GPa, the 
approximate modulus of phenolic resin (Cambridge University Engineering Department, 2003).  
The second case represented the maximum stiffness the ablative could be and the first case the 
absolute minimum. 
 
132 
Both of the simulations undertaken were non-linear static simulations based on the same 
ANSYS workbench model used for the dynamic pressure study, with slightly adjusted material 
properties, or applied load points.  Table 27 presents the results from the two ablative analysis 
cases. 
Table 27: Ablative stiffness analysis results for the 50 kPa dynamic pressure, minimum thickness case. 
Design Metric Case 1 – No Ablative Normal Ablative Case 2 – Stiff Ablative 
Maximum Equivalent Stress (MPa) 73.007 91.799 83.24 
Minimum Yield Safety Factor 4.4461 4.5183 0.33474 
Yield Failure Location Nose Cone Shell Nose Cone Shell Ablative 
Minimum Ultimate Safety Factor 6.0872 5.4197 0.29497 
Ultimate Failure Location Nose Cone Shell Nose Cone Shell Ablative 
Deflection (mm) 2.1125 2.0305 1.8361 
 
As expected, as the stiffness of the ablative was increased the deflection of the structure 
decreased.  Surprisingly the maximum equivalent stress within the structure decreased when 
the ablative was removed, and the stiffness of the overall structure was decreased.  This may 
have been the result of the additional deflection allowing for the stress to redistribute to other 
components.  For all cases, the maximum equivalent stress still occurred on the upper 
attachment ring.  When the ablative was made stiffer, the critical failure point for the vehicle 
switched from the nose cone RCC shell to the ablative near the upper attachment ring.  This 
failure occurred because the increased modulus of the ablative resulted in the ablative taking 
on more strain, in turn increasing its stress levels, exceeding its low ultimate tensile limit. 
If the ablative did fail during service, this could have catastrophic results as the cracks within 
the ablative may increase the local heat transfer rates, potentially melting the backing sheet and 
damaging the rocket (Dow & Tompkins, 1967).  As the exact modulus of the cork-phenolic 
ablative could not be determined from literature, this meant ablative failure could not be 
accurately modelled. Given that the ablative was a composite material, it was unlikely that the 
stiffness would be as high as that modelled in Case Two.  It was also likely that the material 
would be viscoelastic, due to it being made of a polymer composite, meaning that the 
assumption of a constant 15 MPa modulus was unlikely to be unreasonable.  Without any 
suitable data, to prevent the ablative being an uncontrolled variable in this investigation, all 
simulations apart from the dynamic pressure study had the ablative removed to make the 
structure independent of the ablatives properties until a more reasonable estimate of the ablative 
modulus could be obtained, or a method to isolate the ablative from high strain levels be 
implemented. 
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8 Breakdown of Structural Masses 
Given the results from this investigation indicated that the vehicle was over-designed a 
breakdown of the mass components of the aeroshell have been presented in Table 28 to indicate 
which areas should be focused on when trying to reduce the mass and safety factors of the 
structure.  This breakdown was generated for the minimum thickness, ablative on, configuration 
of the aeroshell from the dynamic pressure study. 
Table 28: Aeroshell mass breakdown for the minimum thickness, ablative on configuration. 
Part Type Total Mass (kg) Percentage of Total mass (%) Optimised? 
NC Shell 83.992 29.9 - 
NC Stringers 6.4345 2.3 Y 
NC Frames 9.2896 3.3 Y 
NC Flange 8.5952 3.1 N 
CYL Ablative 35.7256 12.7 - 
CYL Backing 60.1828 21.4 Y 
CYL Stringers 25.97445 9.2 Y 
CYL Frames 14.8176 5.3 Y 
CYL Top Flange 8.4278 3.0 N 
CYL Bottom Flange 7.9022 2.8 N 
CYL Upper Attachment Ring 3.0794 1.1 N 
CYL Lower Attachment Ring 16.6122 5.9 N 
Total 281.0334 
 
Table 28 presents an overview of the mass breakdown of the total aeroshell structure that was 
found to be optimal in the dynamic pressure study analysis section.  The majority of the mass 
of the aeroshell came from the nose cone shell, the cylinder ablative, the cylinder stringers and 
the cylinder backing sheet.  This indicated that reducing the backing sheet thickness and the 
number of stringers or the stringer thickness would have a large impact on the structural mass 
of the vehicle and potentially on reducing the safety factors.  The added stiffening elements 
within the aeroshell contributed approximately 41.5 % of the total mass.  Additional mass 
savings could also be made for the non-optimised structures, as whilst these components make 
up a small amount of the mass individually, together they were very significant.  Reducing the 
dimensions of these smaller components would be feasible as the majority of the smaller 
ancillary elements were lightly stressed or non-structural in nature.  However, the majority of 
safety factor reductions were likely to be made within the primary structural elements. 
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Reducing the number of stringers or the stringer thickness as well as the backing sheet thickness 
to reduce the safety factors of the structures also appeared promising from a stiffness 
perspective.  The cylinder stringers were primarily considered for this analysis, as the nose cone 
stringers followed similar relationships. 
 
Figure 84: Aeroshell cylinder stringer stiffness contribution as a function of the backing thickness and stringer 
number. 
Figure 84 shows the variation of the cylinder stringer’s contribution to the second moment of 
area of the entire stiffened cylinder structure (neglecting the frames and other ancillaries) for 
varying backing thickness and stringer number.  As the backing thickness decreased towards 
0.5 mm the stringer’s contribution at the maximum number of stringers tended towards 
approximately 50 %.  This configuration represented the situation where the stringers and the 
backing thickness were equally effective at resisting bending.  Note that in the current 
configuration, the stringers only contributed approximately 30 % of the cylinder’s stiffness.  
Based on these results, future work should be focused on studying the effects of reducing the 
backing thickness and the number of stringers or the stringer thickness to try and reduce the 
safety factor of the vehicle to more reasonable levels.  Whilst, this analysis was only presented 
for the aeroshell, it was expected that a similar trend would be observed in the nose cone, due 
to both structures being formed from the same optimisation relationships. 
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Whilst the internal structure has not yet been optimised, a breakdown of its mass in its current 
arbitrarily selected configuration has been presented in Table 29.   
Table 29: Internal structure mass breakdown. 
Part Type Total Mass (kg) Percentage of Total mass (%) 
LOX Shell 115.74 27.82 
LOX Isogrid 115.74 27.82 
LOX Rings 2.76 0.66 
LOX Tank Sub-Total 231.48 55.64 
RP-1 Shell 75.15 18.06 
RP-1 Isogrid 75.15 18.06 
RP-1 Ring 1.38 0.33 
RP-1 Tank Sub-Total 151.68 36.46 
Payload Adaptor 23.44 5.63 
Thrust Structure 9.42 2.26 
Total Mass 416.02 
 
Table 29 shows that the LOX and RP-1 tanks dominate the mass of the internal structure (total 
combined contribution of 92.1 %).  As the mass of these two assemblies was heavily dependent 
on the wall thickness, the total mass of the internal structure also depended on the wall 
thickness.  This meant that the total structural mass for the third stage vehicle could not be 
accurately estimated without an appropriate wall thickness selected (which in turn depends on 
the acceleration, aerodynamic loading and internal tank pressure).  Note that the mass of the 
propellant tanks could not be obtained directly from CAD or FEA software as the smeared 
sandwich technique used for the isogrid structure greatly overestimated the mass.  Due to the 
optimisation parameters employed for the isogrid, the isogrid structures mass was equivalent to 
that of the propellant tank backing sheet (McDonnell-Douglas, 1973).  Based on the internal 
structure mass breakdown, future work should focus on refining the thickness estimate required 
for the LOX and RP-1 tanks to develop a more appropriate total structural mass for the third 
stage. 
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9 Discussion 
The aim of this thesis was to develop an internal structure for the SPARTAN third stage vehicle, 
based on conventional rocket design literautre.  Then the applicability of the conventional 
rocket design literature to the third stage vehicle’s structure was to be assesed using the 
aerodynamic loading from new atmopheric trajectories of the third stage.  This aim was 
achieved through the development of a parametric CAD model of the third stage vehicle 
combined with a finite element analysis assessment of the design decisions used to develop the 
CAD model.   
Upon undertaking the finite element analysis of the literature based aeroshell, the resulting 
structure was found to not fail under the applied load, but was heavily overdesigned for the load 
cases tested, with a minimum static safety factor of 4.51 for the maximum load case (50 kPa 
dynamic pressure).  There was also no indication that global or local buckling would occur on 
the vehicle at or close to the applied loads, with a Euler critical buckling safety factor of 
approximately 790 times the 50 kPa pressure field.  This indicated that the conventional 
optimisation literature used for the nose cone and cylinder may not have been completely suited 
for the given loads and geometry of the third stage.   
The primary driving factor for the overly conservative design was identified to be the 
constraints the literature design techniques placed on the minimum thicknesses of the backing 
sheet and stringers.  These constraints were the artefact of the compression based optimisation 
literature being implemented for bending dominated structures. 
In this investigation, the CAD model was restricted to a minimum thickness of 1.5 mm for the 
stringers and backing thickness; below which the model would fail.  In the geometry effects 
study, when the number of stringers was reduced from 25 to 4 (per clamshell) for the 50 kPa 
load case the maximum equivalent stress increased by 53 %, but the ultimate safety factor only 
decreased by 18 %.  These results suggested that that the minimum thickness structure was not 
heavily dependent on the stringers for structural support, as a large change in number of 
stringers did not appreciably decrease the ultimate safety factor.  This result was also supported 
by the bending stiffness contribution analysis, which found the cylinder stringers only 
contributed approximately 30 % of the total bending stiffness of the aeroshell cylinder for the 
minimum thickness configuration. 
When the cylinder backing thickness was reduced by 150 % (from 1.5 mm to 0.5 mm) the 
ultimate safety factor reduced by 64% and the stringers contributed approximately 50% of the 
total bending stiffness of the aeroshell cylinder (for the 25 stringers case).   
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This also suggested that the backing thickness was supporting a large amount of the aeroshell’s 
load, when theoretically the stringers should have been taking up the majority of the load (North 
American Aviation, 1968).  Therefore, the evidence suggested that the limits on the backing 
thickness and number of stringers (or alternatively the stringer thickness) was resulting in an 
overly conservative design.  Given that the backing thickness also contributed 21.4 % of the 
aeroshell’s total mass (as opposed to only 9.2 % for the stringers), by reducing the backing 
thickness the aeroshell could also be made significantly lighter. 
Ultimately, the overly conservative results found within this investigation suggested that the 
optimal design parameters from Block (1971) and Shideler et al. (1972) were not applicable for 
the loading found in this investigation.  The stringer and frame cross-sectional profiles utilised 
in this investigation though, appeared reasonable in shape and magnitude, and correlated with 
several authorss working on different structures, as being optimal.  For future work, reducing 
the backing thickness, stringer thickness and potentially adjusting the number of stringers whilst 
maintaining a similar stringer geometry to this investigation is recommended.  To achieve this, 
the non-dimensional scaling parameters from the literature could be adjusted, or new 
relationships developed based on a large degree of freedom, FEA optimisation simulation. 
Whilst the analysis of the stringer effects was undertaken for only the cylinder geometry, similar 
results were expected for the nose cone geometry, as like the cylinder it too had low-stress level, 
high safety factors and was based on the same optimisation literature.  In future work, it is 
suggested that the optimisation of the nose cone stiffening structures be undertaken based 
predominantly on the applied loads as opposed to the literature implemented in this thesis.  By 
doing this, the results should be far less over-designed and will be more relevant to the third 
stage structure.  It is suggested that similar relationships to the ones developed by Block (1971) 
and Shideler et al. (1972) be investigated, as these relations were able to efficiently constrain 
and parametrise the stringer and frame profiles, albeit with overly conservative results. 
The finite element analysis process undertaken in this thesis also encountered problems which 
could be adjusted in future work to increase the accuracy of the results.  The predominant 
limitation associated with the current finite element analysis model was the 6 to 26 % error 
associated with the results.  The mesh refinement study appeared to indicate that the stress and 
deflection converged at between 1.6 to 2.4 million elements, but as the run times for these 
models were relatively high (close to four hours), this made running multiple optimisation 
simulations difficult.  In this investigation, a sacrifice in accuracy was accepted to facilitate 
running more simulations, to give a better understanding of how the aeroshell structure 
responded to different loads. 
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The primary source of the inaccuracy within the coarser meshes was attributed to the use of less 
than three solid elements through the thickness of parts loaded in bending within the model.  
These elements may have introduced shear locking in the area above the upper ring where 
bending was dominating, resulting in the differences between the converged and actual 
solutions (Thieme, 2016).  For future work, the simulations should be ran with a finer mesh 
(using a more powerful server if possible) along with implementing shell elements or more 
solid elements to improve the accuracy of the results.  
To reduce the computational power and the number of variables needed to be simultaneously 
optimised the internal structure was also neglected from the model used during the aeroshell 
analysis.  In reality, the internal tank structure would add some additional stiffness to the 
aeroshell during flight, reducing the aeroshell stress levels and increasing the aeroshell safety 
factors.  The assumption of neglecting the internal structure from the aeroshell analysis was 
ultimately conservative. However, it did decrease the validity of the simulation results 
considering the entire coupled system.  For future work, the aeroshell and internal structure 
could be optimised individually, then the entire system’s response analysed at a later date to 
determine the influence of the coupling between the two assemblies.  
Another limitation with the CAD geometry was the manufacturability of the tapered stringers 
for the nose cone.  These structures placed the mass of the stringers where it was needed most 
but were unfeasible to manufacture.  For future work, it is recommended that the stringers be 
discretised into a series of decreasing size, individual segments of uniform cross-section in 
order to minimise the mass of the structure whilst still placing the material at the base of the 
nose cone where it was needed to resist bending moments.  Alternatively, as there was very 
little stress present near the tip of the nose cone, the effective length of the nose cone stringers 
could be reduced to decrease the degree of tapering required and reduce the mass of the 
structure. 
Finally, during this thesis, it was assumed that the thermal protection system was completely 
effective at preventing the internal temperature of the vehicle rising above the softening 
temperature of the materials utilised.  This assumption was likely inaccurate for the nose cone, 
due to the uninsulated backing of the RCC shell.  As such, if the current thermal protection 
system was to continue to be utilised the strength of the stiffening materials would need to be 
reduced, or alternatively, additional thermal protection systems added to the structure.  
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10 Conclusions 
This thesis has analysed the applicability of different conventional rocket design optimisation 
techniques within the development of the third stage vehicle’s internal structure.  To determine 
the internal structure necessary for the third stage vehicle to resist the aerodynamic loads at 
max-Q, a review of the literature was undertaken and the results from this combined and 
adapted into a parametric CAD model.  The final proposed geometry consisted of a stringer and 
frame stiffened aeroshell, coupled with integral, common bulkhead, isogrid stiffened propellant 
tanks, a ULA Delta IV truss based payload adaptor and a SpaceX Falcon 1 truss thrust adaptor.  
These structures were all partially optimised using rocket based design literature to reduce the 
number of optimisation variables.   
To verify that the proposed structure could resist the maximum aerodynamic loads experienced 
by the vehicle and that the literature employed was applicable for the unique third stage vehicle, 
finite element analysis was undertaken of the aeroshell at the max-Q point using a pressure field 
generated from computational fluid dynamics.  As such, the aims of this thesis have been 
achieved, with both Phases One and Two being completed. 
It was found in the finite element analysis that the current optimised aeroshell design could 
easily resist the aerodynamic loads on the structure for an angle of attack of 10 degrees, a Mach 
number of 9, and a dynamic pressure up to 50 kPa (representing the maximum expected load 
case for the vehicle).  However, the design was overly conservative with safety factors greater 
than four achieved for the minimum thickness, maximum load configuration.  This indicated 
that the stiffening element geometries proposed by the literature for the aeroshell of the third 
stage vehicle produced overly conservative results, as a result of the backing thickness and 
stringer thickness being restricted to greater than 1.5 mm.   
Evidence was found to support reducing the backing thickness and the number of stringers as a 
viable option to decrease the excessive safety factors.  Buckling failure was also found to not 
be the critical failure mode based on the non-linear buckling analysis and the Euler critical 
buckling load.  This was the result of the relatively low compressive load acting on the vehicle 
compared to the large lateral lift forces. 
The critical failure point for the vehicle in its current configuration was also determined to be 
at the base of the RCC nose cone shell.  This critical failure point did not coincide with the 
point of maximum stress. Instead, the point of maximum stress occurred at the upper attachment 
ring fillets.   
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As the maximum stress in the vehicle could be controlled via the adjustment of the upper 
attachment point’s geometry, it was not currently a critical failure point for the vehicle (due to 
its high safety factor).  Hence, reducing the stress in the upper attachment ring was not 
considered in this investigation. 
With all of the finite element analysis simulations ran, the mesh used was slightly coarser than 
optimal resulting in a consistent error ranging between 6 to 26 % on all calculated quantities.  
Whilst this error was preventable, in order to maximise the number of simulations undertaken 
(to gain a better understanding of how the system responded) sacrifices were made with respect 
to accuracy, to allow for a reduced computation time. 
Based on the minimum mass aeroshell design proposed in the aeroshell dynamic study section, 
the current total mass of the aeroshell was estimated to be approximately 281 kg and the internal 
structure approximately 416 kg leading to a total mass of 697 kg.  This estimate was heavily 
dependent on the backing thickness, propellant tank thickness and the dimensions of other un-
optimised ancillary components.  As the aeroshell was still heavily overdesigned in this 
configuration, it was expected that the total mass of the system could be considerably reduced, 
as the primary stiffening structures contributed 41.5 % of the aeroshell total mass. 
The internal structure, whilst not currently evaluated within finite element analysis, has been 
parametrically developed within Creo and partially optimised using literature results.  Based on 
the results from the aeroshell it was expected that this optimisation technique would yield 
conservative results. 
Ultimately, the main challenge when designing the internal structure of the third stage vehicle 
was that it did not operate as a conventional rocket, with the lift forces on the vehicle dominating 
the structural response as compared to a conventional rocket, where lift is virtually non-existent 
(Benson, 2014).  This meant that the rocket based design literature did produce functional 
designs for the internal structure of the SPARTAN third stage, however, these designs were not 
optimal for the current third stage vehicle’s loading.   
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11 Recommendations 
Based on the primary conclusions of this thesis it is recommended that the following 
suggestions or studies be implemented when undertaking any future work: 
1. Based on the results of the geometry effects analysis it was evident that a detailed study 
should be undertaken to analyse the aeroshell’s response when the backing and stringer 
thicknesses were reduced to less than 1.5 mm thick.  To do this the geometry of the 
aeroshell should be reconfigured to facilitate thinner components, which would require 
adjusting the non-dimensional parameters governing the stiffening elements. 
2. Alternatively, a study could also be undertaken using only finite element analysis 
optimisation techniques to determine relationships between stiffener geometry 
variables.  This would be computationally expensive but would alleviate the problems 
found in this thesis regarding the failure of stringer and frame geometries when 
thicknesses became too low and the problems associated with the literature being overly 
conservative for the given vehicle and loading. 
3. As in this investigation the propellant tank geometry has not been verified, a study 
investigating the required propellant tank thickness needed to resist the internal 
structures applied loads during flight should be undertaken to obtain more accurate 
estimations of the propellant tank’s mass and geometry. 
4. If the total system mass from this study proved too large for the third stage vehicle, a 
study investigating the performance of the aeroshell using composite materials or 
titanium instead of aluminium 2195 is recommended.  Evidence also suggested that 
mass could also be saved by optimising the size of smaller ancillary components if 
changing materials was undesirable. 
5. As this investigation did not consider the effects of thermal loading on the vehicle or its 
structure, a detailed thermal analysis to determine if the thermal protection system on 
the aeroshell was suitable and to evaluate the effects of thermal softening on the 
aeroshell materials is recommended.   
6. As the RCC nose cone was failing at the base of the structure where it was attached to 
the lower flange, it is also recommended that the geometry of the lower flange be 
adjusted to more smoothly take up on the load on this part and reduce the chance of 
failure at this point. 
7. Based on the results of the mesh refinement study, to improve the accuracy of future 
work or studies, using a higher element count model is recommended, albeit a more 
powerful computer may be needed if large amounts of batch simulations are required.  
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13 Appendix 
13.1 Acceleration Derivation Code 
The following code was used to process the trajectory data from Figure 3 to determine the 
longitudinal acceleration profile of the SPARTAN third stage vehicle.  Note that it uses a 
combination of forward and central finite difference derivative approximations. 
1. #trajectory_data.py   
2. """  
3. This file calculates the acceleration of the SPARTAN third stage and plots it versus
 time along with other flight  
4. parameters.   
5.   
6. Author = Adam Yarrow  
7. Date = 13/05/17  
8. """   
9.    
10. from numpy import *   
11. from pylab import *   
12.    
13. #import data   
14. time_0 = genfromtxt("time_2.txt",delimiter=',')   
15. altitude_0 = genfromtxt("altitude.txt",delimiter=',') # m   
16. AOA_0 = genfromtxt("AOA.txt",delimiter=',') #deg   
17. mass_0 = genfromtxt("mass.txt",delimiter=',') #kg   
18. traj_angle_0 = genfromtxt("traj_angle.txt",delimiter=',') #deg   
19. velocity_0 = genfromtxt("velocity.txt",delimiter=',') #m/s   
20. dyn_pressure_0 = genfromtxt("dyn_pressure.txt",delimiter=',') # kPa   
21.    
22. #make new lists to hold normalised data   
23. time = []   
24. altitude = []   
25. AOA = []   
26. mass = []   
27. traj_angle = []   
28. velocity = []   
29. dyn_pressure = []   
30.    
31. #convert to SI units for loop and normalise the lengths of the data sets   
32. for i in range(0,len(time_0)):   
33.     time.append(time_0[i])   
34.     altitude.append(altitude_0[i]*100)   
35.     AOA.append(AOA_0[i]*10)   
36.     dyn_pressure.append(dyn_pressure_0[i]*10) #kpa   
37.     mass.append(mass_0[i])   
38.     traj_angle.append(traj_angle_0[i])   
39.     velocity.append(velocity_0[i])   
40.        
41. #calculate acceleration using central difference for main points and forward differe
nce for start and end   
42. accel = []   
43. for j in range(0,len(time)):   
44.        
45.     if j == 0:   
46.         accel_temp = (velocity[j+1]-velocity[j])/(time[j+1]-time[j])   
47.         accel.append(accel_temp)   
48.    
49.     elif j == len(time)-1:   
50.         accel_temp = (velocity[j] - velocity[j-1])/(time[j]-time[j-1])   
51.         accel.append(accel_temp)   
52.    
53.     else:   
54.         accel_temp = (velocity[j+1] - velocity[j-1])/(time[j+1]-time[j-1])   
55.         accel.append(accel_temp)   
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56.    
57. plot(time, accel)   
58. xlabel("Time (s)")   
59. ylabel("Acceleration (ms^-2)")   
60. title("Acceleration Profile of the SPARTAN Third Stage")   
61. grid()   
62. show()   
63.    
64. plot(time, velocity)   
65.    
66. show()   
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13.2 Third Stage Details 
The following specifications for the SPARTAN third stage were provided by Mr Sholto Forbes 
and constrained the design of the third stage vehicle: 
 Length of the nose cone = 3m, Centre body Length = 4.5m, Engine Length = 2m. Note, 
some room has been left for the Kestrel engine to go into the body slightly (about 0.5m),   
 Total Mass = 3300kg, 
 Engine Mass = 52 kg, 
 Heat Shield Mass = 125 kg (Cork-Phenolic body, RCC nose cone and tungsten tip), 
 Total Propellant mass = 2697.25 kg, 
 Payload Mass = 140 kg, 
 Propellant Ratio = 2.56 LOX: 1 RP-1, and, 
 Spherical ended tanks with cylindrical midsections. 
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13.3 Derivation of Cylinder Stringer Dimension Relationships 
In order to reduce the number of variables defining the profile of the stringers and the frames, 
optimisation techniques found within the review of the literature were implemented into the 
parametric CAD model as relationships between dimensions. 
To do this, from the work by Shideler et al. (1972), the optimal height of the frames was found 
to be three times the corrugation height of the stringers.  Hence, the maximum height of the 
stiffening structure was defined to be hmax such that: 
ℎ𝑚𝑎𝑥 = ℎ𝑓 + 𝑡𝑓 
∴
ℎ𝑚𝑎𝑥
ℎ𝑠
= 3.0 
Where hmax divided by hs was defined as the frame height ratio (H).  This then allowed for the 
maximum height of the stiffening structure to be set.  For the cylinder, due to the presence of 
the internal propellant tanks, the smaller the maximum height of the stiffeners the larger the 
propellant tank radius could be and the shorter the propellant tanks could be made.  As such, 
by trial and error, it was found that a hmax value of 30 mm resulted in the propellant tanks 
maximising the nose cone volume available for payload, constraining the stringer to a maximum 
height of 10 mm. 
Then using the averaged stringer and frame area ratios from Block (1971), this allowed for the 
stringer and frame areas to be calculated.  The area ratios were defined as follows: 
𝑆 =
𝐸𝑠𝐴𝑠
𝐸𝑑𝑡𝑏
 
𝑅 =
𝐸𝑟𝐴𝑟
𝐸𝑍𝑡𝑏
 
Where S gave the stringer area ratio and R the frame area ratio (called the ring area ratio in the 
literature).  Thus, rearranging for the areas gave: 
𝐴𝑓 = 𝑅 ∗
𝐸 ∗ 𝑍
𝐸𝑓
∗ 𝑡𝑏 
𝐴𝑠 = 𝑆 ∗
𝐸 ∗ 𝑑
𝐸𝑠
∗ 𝑡𝑏 
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Hence, given S and R were 0.44 and 0.12 respectively (from Block (1971)), and the material 
utilised for the backing sheet and the stiffening structures was known (thus the moduli defined), 
this left only Z, d and the backing thickness as variables within the stringer and frame area 
expression.  For the frames, the spacing (Z) was defined by the length and the number of frames 
desired: 
𝑍 =
𝑈𝑠𝑒𝑎𝑏𝑙𝑒 𝐹𝑟𝑎𝑚𝑒 𝐿𝑒𝑛𝑔𝑡ℎ
𝑛𝑓 + 1
 
Where the useable frame length was defined as the distance from the bottom of the top flange 
of the cylinder to the top of the bottom flange of the cylinder.  For the stringers, the spacing 
between them (d) was taken as the line of sight distance between the centroid of the stringer 
geometry.  As these stringers were arranged in an evenly spaced circular pattern, the distance 
could be calculated using the radius of the cylinder to the bottom of the stringers and the spacing 
angle between the stringers. 
 
Figure 85: Stringer spacing distance. 
Figure 85 shows the stringer spacing arrangement utilised to develop the following equation 
for the stringer spacing distance (d): 
𝑑 = 2 ∗ 𝑅𝑠𝑡𝑟𝑖𝑛𝑔𝑒𝑟 ∗ sin (
𝜃
2
) 
Where Rstringer was the aeroshell OML radius (528.981 mm) less the thickness of the backing 
sheet (tb) and 𝜃 was defined as: 
𝜃 =
180
𝑛𝑠
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Note that the number of stringers was defined on a per-half shell basis, as the aeroshell was 
split into two clamshell style hemispheres.   Thus, the stringer and frame areas were defined in 
terms of the primary stiffener dimensions.  
Then to calculate the width of the Tee frame the previously calculated frame area was utilised 
noting that: 
𝐴𝑓 = ℎ𝑓 ∗ 𝑡𝑓 + 𝑤𝑓 ∗ 𝑡𝑓 
∴ 𝑤𝑓 =
𝐴𝑓 − ℎ𝑓 ∗ 𝑡𝑓
𝑡𝑓
 
Then, the widths of the stringer profile were determined noting that, in the work by Shideler et 
al. (1972), the optimal corrugation angle (𝛽) was found to be 56 degrees.  Thus, again utilising 
the area of the stringers that was previously defined, the width of the stringer base was found 
to be: 
𝑤𝑠,𝑏 =
[𝐴𝑠 − (ℎ𝑠 − 𝑡𝑠) (
2𝑡𝑠
sin(𝛽)
+
ℎ𝑠 − 𝑡𝑠
tan(𝛽)
) +
ℎ𝑠
2
tan(𝛽)
]
𝑡𝑠
 
Then, given the bottom stringer width could be found the top stringer width was calculated 
using: 
𝑤𝑠,𝑡 = 𝑤𝑠,𝑏 −
2ℎ𝑠
tan(𝛽)
 
Finally, it was found that Shideler et al. presented a range for the frame spacing based on the 
radius of the cylinder to be stiffened.  For this analysis, it was assumed that Shidler et al.’s ratio 
of frame spacing to frame radius would be taken to be 0.3.  Given the small contribution of the 
frames to the total mass of the vehicle, if Shideler et al.’s frame spacing relationship was overly 
conservative for this vehicle, it would not have an appreciable effect on the mass.  Therefore, 
so long as the frames were not a critical failure point of the vehicle, Shideler et al.’s frame 
spacing relationship was assumed to be able to be applied to constrain the number of frames in 
this investigation for the nose cone and the cylinder. 
Thus, the number of frames needed was related to Shideler et al.’s relationship via the fact that 
the frame radius for the cylinder was approximately 528 mm. 
∴
𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔
𝐹𝑟𝑎𝑚𝑒 𝑅𝑎𝑑𝑖𝑢𝑠
= 0.3 
→ 𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔 = 0.3 ∗ 528 = 158.4 𝑚𝑚 
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∴ 𝑁𝑓 =
𝐶𝑦𝑙𝑖𝑛𝑑𝑒𝑟 𝐿𝑒𝑛𝑔𝑡ℎ
𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔
=
4500
158.4
= 28.48 
The number of frames was rounded down to 28.  This was justifiable as the frame spacing ratio 
already included a degree of variability which was to be verified during the stress analysis. 
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13.4 Number of Stringers Study Code 
The following Python code was used in the generation of the mesh grid to be imported into 
Creo Parametric for the number of stringers study. 
1. #stringer_sensitivity_study.py   
2.    
3. """  
4. This file generates the mesh grid of test points used to analyse the number of strin
gers  
5. relationship for the cylinder.  
6. """   
7.    
8. from numpy import *   
9.    
10.    
11. ## Variable Band Widths ##   
12.    
13. #for fixed h_max = 30mm   
14. #for fixed t_f = 1.75 mm #mid range value where the data should all be independent o
f t_f   
15.    
16. # Backing Thickness   
17. tb_L = 0.25   
18. tb_U = 4.0   
19. dtb = 0.25   
20.    
21. Ntb = (tb_U - tb_L)/dtb + 1   
22.    
23. # frame thickness   
24.    
25. tf_L = 0.25   
26. tf_U = 0.75   
27. dtf = 0.25   
28.    
29. Ntf = (tf_U - tf_L)/dtf + 1   
30.    
31. #stringer thickness   
32.    
33. ts_L = 0.25   
34. ts_U = 4.0   
35. dts = 0.25   
36.    
37. Nts = (ts_U - ts_L)/dts + 1   
38.    
39. #stringer number   
40. ns_L = 4.0   
41. ns_U = 12.0   
42. dns = 1.0   
43.    
44. Nns = (ns_U - ns_L)/dns + 1   
45.    
46.    
47. #now fill the test space array   
48.    
49. N_test_points = int(Ntb*Ntf*Nts*Nns)   
50.    
51. data_space = zeros((N_test_points, 4))   
52.    
53.    
54.    
55. row_number = 0   
56.    
57. for tf in linspace(tf_L, tf_U, Ntf):   
58.        
59.     for tb in linspace(tb_L, tb_U, Ntb):      
60.    
155 
61.         for ts in linspace(ts_L, ts_U, Nts):   
62.    
63.             for ns in linspace(ns_L, ns_U, Nns):   
64.    
65.                 data_space[row_number, 0] = tf   
66.                 data_space[row_number, 1] = tb   
67.                 data_space[row_number, 2] = ts   
68.                 data_space[row_number, 3] = ns   
69.                    
70.                 row_number += 1   
71.            
72.    
73. # now export as a CSV file   
74. save = 0   
75.    
76. if save == 1:   
77.     savetxt("test_data_cases_fine_mesh_set_hmax_short.csv", data_space, delimiter ='
,')   
 
The Python code below was then used to post-process the ESM results outputted from Creo as 
a text file.  The end result of this code was a CSV file of the optimal stringer number required 
for a given set of cylinder thicknesses. 
1. #stringer_data_processing.py   
2.    
3. """  
4. This file takes in the outputted Ixx ratio data set from creo and then combines this
 with the original test points  
5. to determine the stringer number required for each stringer thickness trial to maxim
ise the Ixx / vol ratio.  
6.   
7. """     
8. from numpy import *   
9.    
10. #test points import   
11. test_points = genfromtxt('test_data_cases_fine_mesh_set_hmax_set_tf_LONG.csv', delim
iter = ',')   
12.    
13.  #data points import   
14.  with open('fine_mesh_response_tf_175_nf_30_hmax_30_final_text_LONG.txt') as f:   
15.     data = array([line.split() for line in f])   
16.    
17.    
18. data = delete(data, (0,1,2,3,4),axis = 0)   
19.    
20. #now need to reset all values with INVALID to 0   
21.    
22. rows = size(data)   
23.    
24. #need to clear out the zero rows and take only the Ixx (i.e. the Ixx data)   
25. #clear zero rows first   
26. data_1 = []   
27. for k in range(0,rows):   
28.     #check for empty rows   
29.     if not data[k]:   
30.         pass   
31.    
32.     elif data[k][0] == '0':   
33.         pass   
34.    
35.     elif data[k][0] == '00':   
36.         pass   
37.    
38.     elif data[k][0] == '000':   
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39.         pass   
40.    
41.     else:   
42.         data_1.append(data[k][1]) #change this index as needed to adjust for where t
he Ixx data comes out   
43.             
44. #now convert the invalid data points to 0 to indicate they aren't possible test case
s   
45. data_1 = array(data_1)      
46. for j in range(0,len(data_1)):   
47.    
48.     if data_1[j] == 'INVALID':   
49.         data_1[j] = '0' #sets all impossible cases to zero   
50.    
51. #now convert all data points to strings   
52. data_final = []   
53.    
54. for m in range(0,len(data_1)):   
55.     x = data_1[m]   
56.     data_final.append([float(x)])   
57.    
58. data_final = array(data_final)   
59.    
60. #now bind data to the old values   
61. complete_set = hstack((test_points,data_final))   
62.    
63.  #now search through every Nns rows and find the maximum Ixx/vol ratio   
64. opt_data = []   
65. Nns = 32   
66. N_split = len(complete_set) / Nns   
67. str_n_split = split(complete_set, N_split)   
68. test_size = []   
69.    
70. for n in range(0, int(N_split)):   
71.    
72.     temp_max = max(str_n_split[n][:,3])   
73.        
74.     if temp_max == 0.0:   
75.         pass   
76.    
77.     else:   
78.         for i in range(0, int(Nns)):   
79.             if str_n_split[n][i][3] == temp_max:   
80.                 opt_data.append(str_n_split[n][i])   
81.    
82. #second dataset with the maximum values removed in order to get a better rel   
83. filtered_opt_data = []                   
84. for j in range(0,len(opt_data)):   
85.     if opt_data[j][3] != 12:   
86.         filtered_opt_data.append(list(opt_data[j]))   
87.    
88. #now write these maximised values to an excel spreadsheet   
89. save = 1   
90.    
91. if save == 1:   
92.     savetxt("max_stringer_data_fine_mesh_hmax_set_nf30_no_frames_tf_175_final_LONG.c
sv", opt_data, delimiter = ',')   
93.      
94. ##if save == 1:   
95. ##    savetxt("max_str_data_fine_mesh_hmax_set_nf_20_filtered_no_frames.csv",   
96. ##            filtered_opt_data, delimiter = ',')   
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13.5 Cylinder Optimal Number of Stringers Coefficients Model 
Based on the MatLab surface fit, the optimal number of stringers for the cylinder was related 
to the backing thickness and stringer thickness using the following relationship: 
𝑛𝑠,𝑜𝑝𝑡 = 𝑝00 + 𝑝10 ∗ 𝑡𝑠 + 𝑝01 ∗ 𝑡𝑏 + 𝑝20 ∗ 𝑡𝑠
2 + 𝑝11 ∗ 𝑡𝑠 ∗ 𝑡𝑏 + 𝑝02 ∗ 𝑡𝑏
2  
Where ns,opt was the optimal number of stringers, and the coefficients for the relationship can 
be found in Table 30. 
Table 30: Optimal number of stringers surface best-fit coefficients. 
Coefficient Value 
p00 21.99 
p10 -14.3 
p01 18.37 
p20 2.21 
p11 -3.008 
p02 0.1072 
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13.6 RCC Material Properties 
Table 31 presents data from CES Edupack (2017) for unidirectional, 40% fibre volume fraction 
RCC: 
Table 31: Mechanical properties of unidirectional 40% fibre volume fraction RCC. 
Property Value 
Modulus (GPa) 71 – 79 
Density (kg/m3) 1680 – 1720 
Tensile Yield Strength (MPa) 13.9 – 15.3 
Ultimate Tensile Strength (MPa) 13.9 – 15.3 
Elongation (%) 0.02 
Ultimate Compressive Strength (MPa) 140 – 154 
Poisson Ratio 0.31 – 0.33 
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13.7 Equivalent Cylinder Conversion Process 
 
 
Figure 86: Nomenclature for the equivalent cylinder method proposed by Spagnoli and Chryssanthopoulos 
(1999). 
Figure 86 shows the nomenclature used by Spagnoli and Chryssanthopoulos to define the 
equivalent cylinder used for the buckling analysis of the conical shell.  According to their work, 
a cylinder of length L, thickness t and radius presented as follows can accurately represent a 
conical shell under compressive loading: 
𝑅 =
𝑅1 + 𝑅2
2 cos(𝛽)
 
Neglecting the stiffening ring on the base of the structure for the nose cone in this investigation:   
𝑅1 = 50 𝑚𝑚 (𝑟𝑎𝑑𝑖𝑢𝑠 𝑜𝑓 𝑡ℎ𝑒 𝑟𝑜𝑢𝑛𝑑𝑒𝑑 𝑡𝑖𝑝) 
𝑅2 = 528.981 𝑚𝑚 (𝑂𝑀𝐿 𝑟𝑎𝑑𝑖𝑢𝑠 𝑓𝑜𝑟 𝑡ℎ𝑒 𝑠𝑡𝑟𝑢𝑐𝑡𝑢𝑟𝑒) 
𝛽 = 10𝑜 
𝑡 = 10 𝑚𝑚 
Note that, the upper radius of the cone was selected as the point at which the cone transitioned 
into the 50 mm radius tungsten tip as this was the point where the cone went from purely conical 
to a more complex geometry.  Thus, the equivalent cylinder radius was: 
𝑅 = 293.956 𝑚𝑚 
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Figure 87: Nose cone profile used to determine the equivalent cylinder length. 
Figure 87 shows the diagram of the nose cone shell which was used to determine the equivalent 
cylinder length (L).  The length L was found as follows: 
𝐿𝑡𝑜𝑡 = √𝐿𝑒𝑛𝑔𝑡ℎ2 + 𝑅2
2 
∴ 𝐿 = 𝐿𝑡𝑜𝑡 −
𝑅1
sin(𝛽)
 ~2758 𝑚𝑚 
Where the angle 𝛽 was the half cone angle of the structure.  
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13.8 Tapered Stringers Scaling Method 
To taper the nose cone stringer profile as it progressed along the nose cone the optimised 
equivalent cylinder parameters were used to set the dimensions of the stringers at the base of 
the nose cone.  Then, an equivalent stringer profile was defined at the top of the nose cone with 
the reduced dimensions and a sweep constructed between the two sketches.  To scale the profile 
and thicknesses at the nose cone tip, the optimum stringer dimensions calculated via the 
equivalent cylinder optimisation method were reduced by the ratio of the radius at the top and 
bottom stringer profile locations.  Therefore, the scaling factor was given as: 
𝑆𝑇𝑅𝑆𝑐𝑎𝑙𝑒 𝑓𝑎𝑐𝑡𝑜𝑟 =
𝑅𝑆𝑇𝑅 𝑈𝑝𝑝𝑒𝑟 𝑃𝑟𝑜𝑓𝑖𝑙𝑒
𝑅𝑆𝑇𝑅 𝐿𝑜𝑤𝑒𝑟 𝑃𝑟𝑜𝑓𝑖𝑙𝑒
 
The radius at the stringer upper profile location (STR Upper Profile) was found by evaluating 
the radius of the nose cone at the point where the frames ended along the nose cone and the 
radius at the stringer lower profile location (STR Lower Profile) was the OML radius of the 
entire aeroshell (528.981 mm).  As the upper profile location depended on the size of the nose 
cone bottom flange, the scaling ratio adjusted as the bottom flange dimensions were changed.  
These changes were relatively small and as such the scaling ratio was usually on the order of 
approximately 0.2.  
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13.9 Nose Cone Frame Number 
The number of frames needed for the nose cone could be related to Shideler et al.’s relationship 
via the fact that the equivalent cylinder frame radius for the nose cone was approximately 
293.96 mm. 
∴
𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔
𝐹𝑟𝑎𝑚𝑒 𝑅𝑎𝑑𝑖𝑢𝑠
= 0.3 
→ 𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔 = 0.3 ∗ 293.96 = 88.19 𝑚𝑚 
∴ 𝑁𝑓 =
𝑁𝑜𝑠𝑒 𝐶𝑜𝑛𝑒 𝑈𝑠𝑒𝑎𝑏𝑙𝑒 𝐿𝑒𝑛𝑔𝑡ℎ
𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔
=
2400
88.19
= 27.21 
The number of frames for the nose cone was rounded up to 28 to match that found in the 
cylinder.   
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13.10 Upper Attachment Ring Location Function 
To ensure the upper attachment ring did not interact with the frames a function was generated 
that, based on the size of the cylinder upper flange, the cylinder frame spacing and the desired 
location of the upper attachment point, would return the location of the upper ring mid-plane.  
This location was specified such that it was half-way between the set of frames closest to the 
desired location, but still on the cylindrical section of the propellant tanks using: 
𝐶𝑌𝐿 𝐴𝑝𝑝𝑟𝑜𝑥 𝑁 𝐹𝑟𝑎𝑚𝑒𝑠 =  𝐹𝐿𝑂𝑂𝑅 (
𝑈𝑝𝑝𝑒𝑟 𝑅𝑖𝑛𝑔 𝐷𝑒𝑠𝑖𝑟𝑒𝑑 𝐿𝑜𝑐𝑎𝑡𝑖𝑜𝑛
𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔 𝐷𝑖𝑠𝑡𝑎𝑛𝑐𝑒
) − 1 
∴ 𝑈𝑝𝑝𝑒𝑟 𝑅𝑖𝑛𝑔 𝐴𝑐𝑡𝑢𝑎𝑙 𝐿𝑜𝑐𝑎𝑡𝑖𝑜𝑛
= (𝐶𝑌𝐿 𝐴𝑝𝑝𝑟𝑜𝑥 𝑁 𝐹𝑟𝑎𝑚𝑒𝑠 + 0.5) ∗ (𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔 𝐷𝑖𝑠𝑡𝑎𝑛𝑐𝑒)
+ 𝐼𝑛𝑖𝑡𝑖𝑎𝑙 𝐹𝑟𝑎𝑚𝑒 𝑆𝑝𝑎𝑐𝑖𝑛𝑔 
Hence, this algorithm adjusted the desired upper ring location to the actual upper ring location 
depending on the frame spacing.   
 
 
 
 
  
164 
13.11 Lower Attachment Ring Geometry Justification 
 
Figure 88: Lower attachment ring profile. 
Figure 88 presents the profile of the lower attachment ring used to connect the aeroshell to the 
propellant tanks at the base of the vehicle.  In the diagram, the red lines indicated the part that 
was permanently mounted to the propellant tank and the blue lines the part that was mounted 
to the aeroshell.  The rocket nose was to the left of the image.   
This shape was modelled on the connector presented by Fortescue et al. (2011) with a few slight 
changes.  For example, the connector was no longer symmetric, with the right-hand side pillar 
having a much smaller draft angle than the left-hand side pillar due to the need for this part of 
the structure to transfer the majority of the compressive loads.  An overhang region (specified 
by x) was also added to the aeroshell side flange to distribute the compressive load take up 
move evenly over the thin backing sheet.  Currently, the dimensions of the lower ring 
attachment point have been estimated based on the work from Fortescue et al. and by evaluating 
their thickness relative to the surrounding components and the expected loads. 
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Table 32 presents the dimensions, values and the justification for the lower ring attachment 
part.   
Table 32: Dimensions and explanation for the lower ring attachment point. 
Dimension Description Value Justification 
x Overhang distance 10 mm Arbitrary 
r_tank Propellant tank outer radius 490 mm Based on propellant tank sizing 
w_l Left pillar width 
0.5*w_r = 10 
mm 
Arbitrary 
w_r Right pillar width 20 mm Arbitrary 
Theta Primary angle 60 degrees Estimate based on Fortescue et al. (2011) 
w Total width of the part 100 mm Arbitrary 
d_c Cut out depth 15 mm Arbitrary 
h Height 20 mm 
Arbitrary – needed sufficient thickness for 
aeroshell attachment 
r_angle Relief Angle 10 degrees 
Arbitrary – small taper needed to facilitate 
release of the aeroshell from the clamp 
structure 
t 
Thickness of the aeroshell 
lower ring attachment 
Variable (~10-
12 mm) 
Depends on the backing thickness and the 
propellant tank geometry 
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13.12 Flange Geometry Justification 
Figure 89 presents the generic dimensions used to define the flanges used in the aeroshell. 
 
Figure 89: L shaped flange dimensions. 
To simplify the geometry and reduce the number of variables the width (W) and the length (L) 
of the L shaped flange were defined to be constant and the thickness (t) made homogenous 
throughout the part.  The internal corner of the flange was arbitrarily rounded as a function of 
the thickness to reduce the chance of infinite stress concentrations occurring within the finite 
element model.   
Table 33 presents the current dimensions and justification for the three flanges in the aeroshell, 
noting that all three flanges had an outer diameter which corresponded to the inside face of the 
respective backing sheet they were attached to.   
Table 33: Dimensions and justification for the aeroshell flanges. 
Part Dimension Value Justification 
Nose Cone 
Bottom Flange 
Thickness 
12.5 
mm 
Arbitrary – to be verified during finite element analysis 
Length 60 mm Maximum safe height without impinging on the payload adaptor. 
Cylinder Upper 
Flange 
Thickness 
12.5 
mm 
Selected to mirror the nose cone flange 
Length 
63.15 
mm 
Designed to impinge the same distance as the nose cone flange 
did into the body – function of backing and nose cone shell 
thickness 
Cylinder Lower 
Flange 
Thickness 15 mm 
Arbitrary – Actual thickness will depend on whether the lower 
flange is used for mounting during storage 
Length 50 mm 
Arbitrary – Actual length will depend on whether the lower 
flange is used for mounting during storage 
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13.13 Propellant Tank Volume Calculations 
Based on the required total propellant mass and the assumed propellant densities the nominal 
propellant tank volumes and propellant masses were calculated as follows: 
𝑉𝐿𝑂𝑋 =
𝑚𝑡𝑜𝑡
𝐴𝐹 + 1
∗
𝐴𝐹
𝜌𝐿𝑂𝑋
= 1.70026 𝑚3 
∴ 𝑚𝐿𝑂𝑋 = 1940 𝑘𝑔 
𝑉𝑅𝑃1 =  
𝑚𝑡𝑜𝑡
𝐴𝐹 + 1
∗
𝐴𝐹
𝜌𝑅𝑃1
= 0.93557 𝑚3 
∴ 𝑚𝑅𝑃1 = 757.8 𝑘𝑔 
Based on the nominal tank volumes the ullage correction factor was applied to obtain the 
following final required propellant tank volumes: 
𝑉𝐿𝑂𝑋 𝑢 = 𝑉𝐿𝑂𝑋 ∗ (1 + 0.0425) = 1.77252 𝑚
3 
𝑉𝑅𝑃1 𝑢 = 𝑉𝑅𝑃1 ∗ (1 + 0.0425) = 0.97533 𝑚
3 
The ullage correction was only applied to the tank volume and not the propellant mass due to 
the fact it was required to allow for propellant vaporisation.    
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13.14 Payload Adaptor Geometry Justification 
Figure 90 shows the profile of the upper ring of the payload adaptor. 
 
Figure 90: Payload adaptor upper ring profile and dimensions. 
In Figure 90 the orange line represents the top of the LOX tank.  The thickness of the box ring 
was then specified by d79, the outer ring radius (payload radius) by d79 and the height of the 
ring given by d78.  The parameter d132 was defined as the upper ring standoff distance and 
represented how high above the top of the propellant tank the payload adaptor was located.  
Table 34 presents the values for these dimensions used in this investigation. 
Table 34: Payload adaptor upper ring dimensions and justification. 
Parameter Description Value Justification 
D143 
Propellant tank 
radius 
490 mm Predefined by the aeroshell structure 
D80 
Outer ring 
radius 
0.75 ∗ 𝑅𝑂𝑀𝐿
= 369.74 𝑚𝑚 
Specified by Preller and Smart (2015) as the payload 
outer radius 
D79 Wall thickness 2.5 mm Arbitrary – subject to stress analysis 
D78 
Profile 
height/width 
40 mm 
Arbitrary – subject to stress analysis and the 
implementation of electrical connections 
D132 
Standoff 
distance 
0 mm 
Selected to minimise the height of the payload adaptor 
to maximise the amount of room in the nose cone for 
payload 
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Table 35 presents the dimensions and justification for the payload struts.   
Table 35: Payload adaptor strut dimensions and justification. 
Parameter Value Justification 
Strut Thickness 2 mm Arbitrary – subject to stress analysis 
Strut Radius 10 
mm 
Arbitrary – subject to stress analysis and limited by the upper and lower ring 
dimensions 
Number of Strut 
Pairs 
18 Selected based on the number of strut pairs used by United Launch Alliance’s 
truss based adaptor 
 
The final component in the payload adaptor was the lower payload ring.  Figure 91 shows the 
dimensioned profile of the lower payload ring profile. 
 
Figure 91: Dimensions defining the lower payload ring profile. 
 
 
 
 
 
170 
Based on the dimensions shown in Figure 91, Table 36 presents the parameters used to 
parametrise the lower payload ring geometry and the justification behind their selection. 
Table 36: Dimensions and justification for the lower ring of the payload adaptor. 
Dimension Description Value Justification 
Rd1 Radius of the LOX propellant tank 
hemisphere 
490 
mm 
Previously specified 
D59 Lower ring width 60 mm Arbitrary– set to be the same as the lower 
ring height 
D64 Lower ring cut out width 20 mm Arbitrary – set to be double the lower ring 
thickness 
D58 Lower ring thickness 10 mm Arbitrary – subject to stress analysis 
D143 Lower ring height 60 mm Arbitrary – subject to stress analysis 
 
The dimensions presented in Table 36 do not completely parametrise the lower payload ring 
based on the geometry found in Figure 91.  To simplify the number of variables some sections 
of the profile were made symmetric or constrained to have equal dimensions to other key 
parameters.  For example, the line specified by A in Figure 91 was constrained to be normal to 
the propellant tank, the line marked B was constrained to be the same length as dimension d64 
and the line marked by C was constrained to be the same length as d58.  Whilst these dimensions 
could have been left free they were constrained in this manner to produce a simple, realistic 
profile for conceptual design purposes.  It is likely that these profiles and dimensions will 
change during detailed design.   
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13.15 Thrust Structure Geometry Justification 
The cross-section of the thrust structure upper attachment ring can be seen in Figure 92.  To 
reduce the total number of variables defining the overall structure, several dimensions were 
made to be the same length.  
 
Figure 92: Dimension view of the thrust structure upper ring. 
Based on the dimensions in Figure 92, Table 37 presents their values, description and 
justification behind their selection. 
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Table 37: Dimension justification for the thrust structure upper ring. 
Dimension Description Value Justification 
Sd53 Upper ring angle 70 
degrees 
Arbitrary – allows for movement of the attachment point 
around the fuel tank hemisphere pending stress analysis 
Sd86 Upper ring cut-out 
height 
40 mm Arbitrary – designed to be two times the upper ring thickness 
Sd0 Propellant tank 
outer radius 
490 mm Based on previous design requirements 
Sd93 Upper ring width 100 mm Arbitrary – can be varied to support different loads based on a 
stress analysis 
Sd90 Upper ring height 100 mm Arbitrary – designed to be five times the upper ring thickness 
Sd75 Upper ring 
thickness 
20 mm Arbitrary – can be varied to support different loads based on a 
stress analysis 
Sd83 Upper ring cut-out 
web 
20 mm Arbitrary – designed to be equal to the upper ring thickness 
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13.16 Material Properties 
Cork Phenolic Material Properties 
Figure 93 presents the material properties for the cork phenolic ablative. 
 
Figure 93: Cork phenolic material properties (Ricardo, 2009). 
 
Aluminium 2195 Material Properties 
Table 38 presents the tensile material properties for the aluminium lithium alloy 2195.  Note 
that the compressive properties were assumed to be the same as the tensile results. 
Table 38: Aluminium lithium 2195 material properties (Hales & Hafley, 2010). 
Parameter Value 
EL (GPa) 75 
UTSL (MPa) 551 
Yield StrengthL (MPa) 524 
Density (kg/m3) 2712 
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13.17 Mesh Refinement Results 
Table 39 presents the raw results from the mesh refinement study. 
Table 39: Mesh refinement study raw results. 
Design Metric 
Coarse 
Model 
Low Refined 
Model 
Normal 
Model 
Moderately 
Refined Model 
Highly 
Refined Model 
Number of Elements 475503 620637 957795 1617900 2401156 
Memory Used (GB) 37.16 53.939 86 103 110 
Run Time (minutes) 6 10 30 60 240 
Maximum Equivalent 
Stress (MPa) 
69.304 75.528 73.01 89.497 89.249 
Yield Safety Factor 3.7813 4.166 4.4461 4.1029 3.7221 
Ultimate Safety Factor 5.5868 6.0507 6.0872 4.3868 4.5104 
Deflection (mm) 2.1401 2.1429 2.1125 1.9924 1.9896 
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13.18 Euler Buckling Load Results 
Table 40 presents the Euler buckling critical loads for the aeroshell cylinder.  The safety factor was calculated on an applied load of 45 kN. 
Table 40: Euler buckling load results. 
Backing 
Thickness 
(mm) 
Number of 
Stringers 
Ixx Total 
(mm^4) 
Ixx Backing 
(mm^4) 
Ixx Stiffeners 
(mm^4) 
E (GPa) L (mm) K Pcrit (N) ddddddd Stiffener Contribution 
to Ixx (%) 
Safety Factor 
1.5 25 9.73E+08 6.75E+08 2.98E+08 75 4500 1 3.56E+07 30.59 790.01 
1.5 16 8.65E+08 6.75E+08 1.90E+08 75 4500 1 3.16E+07 22.00 703.00 
1.5 8 7.70E+08 6.75E+08 9.52E+07 75 4500 1 2.82E+07 12.36 625.66 
1.5 4 7.23E+08 6.75E+08 4.76E+07 75 4500 1 2.64E+07 6.58 586.99 
1.5 0 6.75E+08 6.75E+08 0.00E+00 75 4500 1 2.47E+07 0 548.32 
1 25 7.47E+08 4.49E+08 2.98E+08 75 4500 1 2.73E+07 39.83 606.71 
1 16 6.40E+08 4.49E+08 1.90E+08 75 4500 1 2.34E+07 29.76 519.70 
1 8 5.45E+08 4.49E+08 9.52E+07 75 4500 1 1.99E+07 17.48 442.36 
1 4 4.97E+08 4.49E+08 4.76E+07 75 4500 1 1.82E+07 9.57 403.69 
1 0 4.49E+08 4.49E+08 0.00E+00 75 4500 1 1.64E+07 0 365.02 
0.5 25 5.22E+08 2.24E+08 2.98E+08 75 4500 1 1.91E+07 57.00 423.93 
0.5 16 4.15E+08 2.24E+08 1.90E+08 75 4500 1 1.52E+07 45.90 336.93 
0.5 8 3.20E+08 2.24E+08 9.52E+07 75 4500 1 1.17E+07 29.79 259.59 
0.5 4 2.72E+08 2.24E+08 4.76E+07 75 4500 1 9.94E+06 17.50 220.92 
0.5 0 2.24E+08 2.24E+08 0.00E+00 75 4500 1 8.20E+06 0 182.25 
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13.19 Technical Drawings  
The following pages present the technical drawings for the SPARTAN third stage in the 
configuration utilised for the aeroshell dynamic pressure study.  Note that higher quality images 
can be found on the attached USB drive. 
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If you have got this far, then I commend you for your dedication.  
As such, I would like to dedicate the work from this thesis to 
Eugene Cernan, may we one day return to the Moon. 
 
